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OPENING REMARKS

Prof. D. Weihs, Director, The Samuel Neaman Institute
for Advanced Studies in Science and Technology

I am very happy to open this special symposium,
dedicated to civilian applications of space. This is the
second time that the Samuel Neaman Institute for
Advanced Studies in Science and Technology is
holding such a gathering. The first time was in early
1988, when it became clear, in the wake of the Lavi
affair, that the Israeli high-tech industry must broaden
its base, and develop new "flagship" industries, as
well as to move more massively into the civilian
market.

The S. Neaman Institute, which is Technion's think-
tank for policy research and has as one of its major
objectives the encouragement and development of
Israeli science and technology, to improve the
economy, had by then identified space as one of the
more promising areas for development.

In the four years that have passed since then, both of
these trends became imperative due to the enormous
changes in the political and economic situation in the
world. These include the dissolution of the eastern
bloc, European approaches towards unity, the Gulf
war, the informatics "revolution" and the recession in
much of the world market. The Israeli acrospace
industry is continually required to show its capability
for flexibility in order to prosper in this changing
environment. For this to occur, a wide scientific and

technological base, perhaps even beyond its natural
proportions in a small country must be maintained.

Developments in Israel have been dramatic in this
period. Two research satellites were launched (Ofeq 1
in September 1988, and Ofeq 2 in 1990). A
communications satellite - Amos, is under
construction and rapid growth of the internal and
export market for satellite communications has
occurred.

Also, 1992 has been declared as the International
Space Year, in which the importance of space
research and exploitation is being brought to the
collective consciousness of the wider public around
the world. Thus it was natural that this second
symposium be held in conjunction with the 32nd
Israel Annual Conference on Aviation and
Astronautics.

I am happy that the Organizing Committee of the
32nd Israel Annual Conference has agreed to this
union as a sign of inclusion of space into the
mainstream of Israeli science and Industry. This
Symposium will already have over 10 locally
writlen papers, adn we hope that this will become a
regular feature of the Israel Annual Conferences.




OPENING REMARKS

Professor Yuval Neeman, Chairman, Isracl Space Agency

1992 has been proclaimed the Space and
Discovery Year, in commemoration of the 500th
Anniversary for the Discovery of America - and
for us also the 500 anniversary of the Expulsion
from Spain. The connection is not incidental, and
the part of Jewish scientists in the discoveries of
Spain and Portugal in the 15th century is well
known.The fact that in the beginning of the
century, the International Astronomical
Association has named the moon craters in the
names of Ibn Ezra, Rabbi Levi (Ben Gershom)
and Zakut, are testimony to that effect. Zakut had
a very similar job in the court of the sea-faring
Prince Henry as Wemer von Braun had in NASA.
Lately we have all witnessed a considerable
progress of Israeli Space projects.

(1) The Amos Communications Satellite, has been
launched as a commercial project. I hope that
barring difficulties, it will be launched to space in
1993 or 1994.

(2) The Israel Aircraft Industry is continuing to
develop OFEQ, hoping to use its economic
advantages of our launching facilities, and the
accumulated know-how for low-orbit satellites. We
have already taken part in international tenders for
low-orbit satellites and I am sure success is not far.

(3) The ultraviolet telescope project of the Tel Aviv
University and E1-Op group has already been
launched, with Danish knowhow.

(4) A Technion group is participating in the
computational aspects of the Russian Mars Project
in 1994,

(5) A student Tech-Tat project is carried out at
Technion,

(6) In August we are expecting the launching of the
Hornets project of Prof. Ishai of Tel Aviv
University, on a Shuttle mission. -

As you see we have reached the point where past
efforts are about to come to fruition. Let us hope
we achieve worthy results!






THE SPACE PROJECTS OF THE EUROPEAN SPACE AGENCY (ESA)

Jean-Marie Luton, ESA Director General

Introduction

Ladies and Gentlemen, first let me say that it is a
great pleasure for me as Director General of the
European Space Agency to be here today with
you and to take part in this conference on
aviation and astronautics and to have this
opportunity to see the Israeli space facilities, I
believe that I am the first Director General of the
European Space Agency to visit Isracl and I
look forward to continuing the dialogue thus
begun,

I should briefly like to run over the beginnings
of European cooperation in space and outline the
purpose and structure of ESA. Then I shall
discuss the objectives of Europe's space
programme and describe the successes and future
plans of European space policy.

Paris, France

Over the past thirty years, Europe has made
substantial progress in developing its capability
in space research and technology alongside the
USA and the former Soviet Union,

The European Space Agency

The European Space Agency was formed in 1975
out of two former organizations: the European
Space Research Organization (ESRO) which
came into being in 1964 and which was
concerned with satellite activities for scientific
purposes and the European Launcher
Development Organization (ELDO), which, as its
name implies, was responsible for launcher
development. It also started its work in 1964,

If early cooperation in Europe was essentially
scientific, member states were soon aware of the
political, economic, and technological

THE EUROPEAN SPACE AGENCY REPLACED THE FORMER
ELDO AND ESRO GROUPING THE COMPLETE RANGE OF CIVILIAN
SPACE ACTIVITIES IN A SINGLE AGENCY:

ESA
ESA MEMBER STATES .84 1964 ESA MEMBER STATES
ESRO ELDO
{Satellites) (Launchers) S LA
]

AUSTRIA UNITED-KINGDOM
BELGIUM g esa SWITZERLAND
SWEDEN
DENMARK THE CONVENTION CREATING ESA
El:l WAS SIGNED ON 30 MAY 1975
— AND CAME INTO FORCE i
ON 30 OCTOBER 1980 I
ARRANGEMENT FOR : =J-I — ASSOCIATE MEMBER
CLOSE COQPERATION
GERMANY NORWAY

.
IRELAND

ot |

CANADA

EINLAND

cesa —
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significance of space exploration and exploitation,
They also realized that individual national resources
and expertise were not sufficient to enable them to
go alone,

Today, a large part of space research and
development in Europe is carried out under the
ESA banner. ESA has currently thirteen member
states:  Austria, Belgium, Denmark, France,
Germany, Ireland, Italy, The Netherlands, Norway,
Spain, Sweden, Switzerland and the United
Kingdom. Finland is an associate member, and the
Agency has a cooperation agreement with Canada,
giving them a limited possibility of involvement
in the Agency's programmes and representation in
its delegate bodies.

ESA's convention sets out the Agency's main
objectives, namely to provide for and to promote,
for exclusively peaceful purposes, cooperation
among European states in space research and space

technology and their space applications; to
claborate and implement a long-term space policy
and, finally, to elaborate and implement an
industrial policy for its member states.

The highest ESA delegate body is its Council
consisting of representatives of the member states.
For the purpose of drawing up and supervising the
individual programmes, Council set up several
Programme Boards to which each member state
participating in the relevant programme delegates
experts. In addition, Council set up an
Administrative and Finance Committee to give
advice on administrative matters.

The Agency's Director General is aided in the
implementation of his executive tasks by directors,
of whom there are currently eight, an inspector
general and the staff.

PURPOSE OF ESA
(Article 2 of ESA Convention)

Provide for and promote, for exclusively peaceful purposes,
cooperation among European states in the field of

Space Research and Technology
Space Applications

for scientific purposes and for operational space applications:

e by elaborating and implementing a.long term European
space policy

e by elaborating and implementing space activities and
programmes

e by coordinating the Europsan space programme and
hational programmes

e by elaborating and implementing an industrial policy
oct. 86 @@Sﬂ—-——




ESTABLISHMENTS

NOORDWIJK

S

ESTEC
Ewropean Space Research and Technology Centre
Study, design, development and testing of spacecraft,
assoclated technology and payloads

Staff: 1160

PARIS ‘B
Head office
Staff: 390
Incl.: Toulouse, Washington, Kourou

COLOGNE ==

EAC
European Astronauts Centre
In charge of astonaut fraining
Staff: 70 (in 1995)

DARMSTADT

ESOC

European Space Operations Centre
In charge of satellite operations
Staff: 320

FRASCATI

ESRIN
European Space Research Institute
Houses: IRS, EARTHNET, ISD

Staft: 110

14.01,1991

The Agency has the following establishments:

Its headquarters is in Paris, where some 320 staff
are employed and where the political decisions are
taken,

The European Space Research and Technology
Centre (ESTEC) in Noordwijk in the Netherlands,
which employs 1200 people, is Europe's largest
centre of expertise in the field of space research and
development.It is responsible for the project
management for most ESA space projects,
including the studies and preparatory programmes
and the development phase for future projects.
ESTEC also provides the appropriate facilities for
testing a spacecraft on Earth under conditions
simulating, as closely as possible, those it will
encounter from lift-off onwards.

The European Space Operations Centre (ESOC)
located in Darmstadt, Germany, which is in charge
of all satellite operations and the corresponding
ground facilities and communications networks.
There are about 300 permanent staff employed.

The European Space Research Institute (ESRIN) at
Frascati houses the Earthnet Programme Office for
the acquisition, processing and dissemination of
data from remote sensing satellites as well as the
Information Retrieval Service which provides
access to over 200 databases in all fields of science
and technology and the European Space Information
System (ESIS). On this site there are 120 staff
members.

The expansion of European space activities has led
ESA to build more facilities.

The most recent establishment is the European
Astronaut Centre (EAC), at Porz-Wahn, Germany
which coordinates all European astronaut activities
including the training of the future European
astronauts.

Finally, the Agency is supporting the Kourou
launch base in French Guiana.




ESA PROGRAMMES

MANDATORY

e BASIC ACTIVITIES

Studies Future Projects, Technological Research, Common Technical
Investments (Facilities, Standards, etc.),Earthnet, Education

e SCIENCE
Scientific Satellites, Space Science Activities

OPTIONAL

e EARTH OBSERVATION

Meteorology, Remote Sensing, Climatology, Geodesy
e MICROGRAVITY RESEARCH

Material Sciences, Life Sciences

e TELECOMMUNICATIONS ) )
Point to Point Communications, Television and Sound Broadcasting,
Data Relay

e SPACE STATION AND PLATFORMS
SPACELAB, EURECA, COLUMBUS

e SPACE TRANSPORTATION SYSTEMS
ARIANE HERMES

3 Lesa—

COMPARISONS OF MEMBER STATES' CONTRIBUTIONS TO ESA BUDGETS
RELATIVE TO GNP

2.07
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France | Italy Spain Switzerland ‘ Ireland | Norway ‘ Austria
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GUIANA SPACE CENTER

QUASI-EQUATORIAL LOCATION
Payload mass gain 3
increased satellite lifetime

ARIANE LAUNCH SITES
ELA 2 for Ariane 4
and ELA 3 for Ariane 5
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BUDGETS FOR 1992*

INCOME FROM MEMBER STATES AND OTHER SOURCES
APPROVED PROGRAMMES + PROGRAMMES FINANCED BY THIRD PARTIES

CONTRIBUTIONS 1992
TOTAL : .
AL : 2731.6 MAU [ wau | %
OTHER INCOME ** A: 0.9%, 25.4 MAU A 254  1.1%
16.4%, 448.4 MAU B 116.1 5.1%
DK 21.9 1.0%
DK: 0.8%, 21.9 MAU F 700.8 30.7%
0,
CDN: 0.6%, 16.1 MAU Pm_ ssg.g 23'%:
GB: 5.0%, 137.8 MAU. E F: 25.7%, 700.8 MAU | 396.6 17.4%
CH: 2.0%, 55.2 MAU ' NL 58.6 2.6%
; N 19.2 0.8%
$:1.9%, 51.6 MAU
4 E 108.9 4.8%
e s 5.6  2.2%
N: 0.7%, 19.2 MAU G CH 55.2 2.4%
. Gt : GB 137.8 6.0%
NL: 2.2%, 58.6 MAU
561.0 MAU CDN 161 0.7%
I: 14.5%, 396.6 MAU SF 82 0.4%
2283.2 100%
OTHER
INCOME 448. 4
27316

*ESA/AF(91)30 +add 1,2, 3 and 4 - January 1992

**Income from third parlles Nasa, efc.. e%
MAU : Million of Accounting Units (1 AU = 0,69 British Pounds, 1,15 US Dollars, 1,31 Canadian Dollars - Rates applicable to 1992 budgets )

BUDGETS FOR 1992*

APPROVED PROGRAMMES + PROGRAMMES FINANCED BY THIRD PARTIES
TOTAL : 2731 MAU

5.8%, 160 MAU 3 40. g3 AU LIKELY BUDGETS
3.2%,88MAU  General Budget  hssociated to General Budget | DEVE-OPMENTS IN 1962
Financed by third Parties MAU
9.8%, 266 MAU
0.8%. 20 MAU Scientific Programme * Approved
TDP-1, Prodex, programmes 2643
Hipparcos 6.8%, 186 MAU
Operations Earth * Programmes
Observation financed by
: Programmes third parties __ 88
16:3% 128233";,12 iy eliet Sub total 2131
i 8.6%,
Ire "s";’v’;?é',‘,’,'; Telecommunications | * 't"':re"a“::f;:e "
Programmes in 1992 82
0 12.2%, 332 MAU
zl‘v?iéurbg?ar\:li?vu Space Station
& Platforms Grand total 2813**

# ESAMF&QH% +add 1, 2,3, and 4 - Janua
** NOT INCLUDING CARRY FORWARD T0 195 em
MAL : Million of Accounting Units (1 AU = 0,69 British Pounds, 1,15 US Dollars, 1,31 Canadian Dollars - Rates applicable to 1992 budgets )
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To facilitate collaboration among ESA member
states, there are two kinds of programmes: the
mandatory programme, in which each country
participates at a level corresponding to its GDP,
and the optional programmes. The former covers
not only the running costs of the Agency but
also the science and basic technology
programme. The latter are funded by individual
member states depending on their interest in a
particular programme. This category includes
Earth observation, telecommunications and
microgravity programmes, as well as the
launcher and space infrastructure programmes.
Thus, France has concentrated on launchers,
Germany has taken the lead in the development
of Spacelab. Italy has shown particular interest
in telecommunication satellites and Earth
observation is the centrepiece of the United
Kingdom's space policy.

The 1992 budget of ESA amounts to
around 2.8 billion European Accounting Units,
which corresponds to roughly 3.2 billion US
dollars. In comparison, NASA has a budget of

about 14 billion dollars. Of each Accounting
Unit spent by ESA, around 90% is spent
through the procurement process and the rest for
internal costs. As a rule, the distribution of ESA
contracts orients itself to the level of financial
shares provided by the member states, known
under the term of fair return for investment. This
has been defined not for individual contracts, but
on a cumulative basis.

One of the principal aims of the whole European
space programme is to keep European industry
competitive in advanced technology development
with the United States and Japan, We also need
an effective and challenging space programme for
Europe to keep European scientists at the
forefront of their science,

One can identify several reasons for our member
states to take part in ESA's activities: first,
participation in ESA programmes is perceived as
crucial for their industries, commercial and
industrial competitiveness: the potential of space
is seen as a mechanism for industrial innovation.

Its aims are :

ESA LONG TERM PROGRAMME

@ to expand Europe’s autonomous capability in space

@ to maintain and enhance Europe's competitiveness

in all space disciplines

to strengthen Europe's position as a competent partner
for international cooperation and in particular for
cooperation with the United States

13
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formulated expressions for the change In time or position
of the impulses, which, If executed in small steps. c¢an
assure the optimization, As a result of this contribution,
the primers of fig. 3 can be interpreted as lollows:
primer b indicates that an intermediate impulse will
always reduce the fuel consumption. The ttme of this
impulse should be the time when the primer is maximal
and its direction, the direction of the primer vector at
this time,
- primer c indicates that an initlal coast will always
reduce the fuel consumption.
- primer d indicates that a linal coast will always reduce
the fuel consumption.

The explicit expressions for the change in the time and
position of an intermediate waypoint., which appear in ref.
{41, are functions of the primer vector's first derivative,
thus expressing Lawden's fourth necessary condition.

Several works have used similar methods for fuel
oplimization:

Prussing 112] and 1131 treated minimuen fuel Tixed- time
rendezvous in the proximity of a circular orhit. and
separated the maneuvers according te the number of
imputses (2, 3 and 4).

Jezewski and Rozendaal | 141 treated rendezvous between
three dimensionnl trajectories. with practical application
10 the Apollo program. They showed that a considerable
amount of fuel can be saved by adding impulses.

QOross and Prussing |15 treated free time rendezvous
hetween ctreular orbits, where ratio of radiuses is much
higger than unity,

Prussing and Chiu |16] treated Flxed time rendezvous,
a5 h functlon of the phase apgle. They showed that if
the time is sufficient. than Hohmann transfer is optimal.

Note of these works deal with any kind of constraints.
3. Problem formulation
this research is

The purpose of to develop an

interactive  graphical tool for planning time-limited
rendezvons trajectories between. space vehicles that orhit
in the proximity of the space station. The resultant
trajectories must satisfy the spatial constraints assuring
colission  avoidance and mustl have an optimal fuel
consumption. Some of the practical applications may be:

transfer of crew between neighbourlng vehicles, where

the time limitation can originate from the limited

amount of oxygen for breathing. batieries, navigation

precision, or From the need to perform an urgent

aperation, such as rescue.

transfer of equipment. with an unmanned spaceship.

- free Tlyers maintenance.

The chaser. target and rendezvous trajectories

discussed herein are two dimensional and limiled to the
station’s orbital plane, but are not otherwise limited in

their shape. Fig. 4 describes graphically a typical testcase
in which the location of the chaser and the target at
initial task time. ty, and final time. t,. are given, so
that their trajectories are fully defined. The mission total
task time is lggax <ty -to. The coordinate system. (s.r}. is
" attached to the space station which is placed in a circular
orbi., 480 km above the Earth. The chaser leaves its
original trafectory at time t,, when the initial impulse
A¥y is applled, adjusis the rendezvous trajectory at to.

158

with the intermediate impulse AVz. and reaches the targel
trajectory ar ty, where the final impulse AV, ad justs its
velocity, according to the target's velocity. In this case
the rendezvous trajectory is composed of an Initial coast
along the chaser trajectory (to<t<ty}. two sections, a
final coast along the target trajectory (ta<t<ty).  and
three impulses. The second section of the rendezvous
trajectory does not fullil the spatial constraint. so that
even IF this solution is fuel optimal. another one. with a
higher fuel consumption, must be found.

Finding a fuel optima! trajectory means finding a
trajectory in which the sum of the impulses applied is
minimal, including the last one. Taking inte account the
last impulse is specific to rendezvous maneuvers. while for
interception cases, this last impulse is ignored.

An additional demand for the required method Is that
it must be simple enough to be implemented and used
with reasonable hardware, so that it can be operated in
each vehicle, In orbit. without the need of a wide
academic background in the field.

The basic assumptions made in this research were:
- motion in & centrai inverse square law gravity field,
that. yields Keplerian trajectories; no perturbations were

considered;

- two dimensional motion. limited to the orbital plane of
the space statlon;

limited task time:

1

propulsion achieved by impulses, with no limitations on
their number, magnitude or direction: no disturbing
forces (like drag, third body attraction, et¢,) were
considered;

- motion in almost circular trajectories, with negligible
excentricity:

linear problem in which the fuel consumption [kgl is
proportional to the sum of the Impulses |m/sec).

4. Method of Solution

Planning a complex maneuver, which is Fuel optitnal
and fulfils the spatial constraints, turns out to be a
difficult task. Therefore the approach of this method Is to
use an  interactive graphic system, which displays
simultaneously the maneuver, the spatial constraints, Ihe
cost function (the sum of the impulses applied), together
with an optimization pointer and the primer vector
distribution. The solution is obtained by means of an
iterative process, whose logic flowchart is described in
fig. .

The optimization methed is based on the primer
vector theory, which does not take into account any
constraints. Due to the extension of the primer vector to
non-optimal trajectories. an optimization pointer is built,
which indicates the change of time and location of the
intermediate waypoints, that assures minimizing the ruet
consumption. This' pointer exists only when the trajectory
is not optimal. The optimal solution is ohtained with the
interactive aid of the operator, by moving the waypoinis,
according to the pointer and so that it hy-passes the
constraints. Although the solution may be composed of up
to four waypoints, only one is active each time. This
way. finding the constrained optimal solution is a simple
ahd straight-forward process.
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In Munich the ministers endorsed the long-term
space plan as the strategic framework for the
Agency's activities, in particular in the field of
Earth observation and Europe's ambitions for a
manned space capability.

However, the ministers instructed the Agency o
evaluate further the costs of the large programmes
and to look for new ideas and possibilities for wider
international cooperation with a view to use the
capacities already existing, in nonmember countries
in order to put the basis of world-wide cooperation
for very ambitious projects.

The ministers also recognised the unique
contribution that observations of the Earth from
space can make towards a better understanding and
management of our environment and approved a
major new programme, the first polar orbiting
Earth observation mission due for launch in 1998,

At this stage our attention and efforts in the Agency
and in our member states are focused on the next
ministerial council meeting which will take place at
the end of this year in Spain. We are currently in
the process of preparing a strategy on how best
Europe's ambitions in space should be implemented
in the light of the new world situation and the
financial constrainis of our member states.

The Science programme

Since its beginnings, the mandatory science
programme has been the backbone of the Agency.
In space science, ESA and its predecessor ESRO
(European Space Research Organization}, have been
able to undertake 17 missions. Among them we
find the Giotto mission to Comet Halley in 1986
which for the first time made a flyby of a comet
nucleus at a distance of about 600 km and obtained
pictures of it with less than 100 m in resolution.
After having carried out brilliantly its first mission,
Giotto will encounter another comet, Grigg-
Skjellerup, in July 1992,

The latest in the series of scientific satellites

17

launched was Ulysses, an ESA/NASA
collaborative mission to explore the regions of the
solar sysiem away from the ecliptic plane, in
particular above the solar poles. Ulysses was
launched on 6 October 1990 and the spacecraft
swung by Jupiter on 8 February 1992 at a distance
of about 370,000 km leaving the ecliptic plane to
fly above the poles of the Sun in 1994/95, an
achievement never accomplished before by a man-
made object,

ESA's future science programme catled "Horizon
2000" comprises very original and very
challenging projects which will further explore the
Solar System, bring back cometary samples, and
lock further than ever before into the secrets
which the Universe still holds tight,

Several scientific satellites are at present under
development, among them the Infrared Space
Observatory (ISO) to be launched in November
1993, the Solar-Terrestrial Science Programme
(STSP), consisting of Soho and Cluster and to be
launched in July and December 1995, and
Huygens/Cassini, a joint mission with NASA to
explore Saturn and its moon Titan scheduled for
launch in 1995/96,

Earth Observation

I now come to Earth observation, an area of space
research that is not only of considerable
importance for science but one which will become
increasingly relevant in fields such as climate
research and environmental monitoring. Among
ESA's future activities, Earth observation from
space will occupy a prominent place in the long-
term strategy that is being prepared by the
Agency,

The first application programme for observing the
Earth which has been undertaken by the Agency
and one of the longest ongoing European
cooperative efforts starting in the beginning of the
seventies as an experimental programme was
Meteosat,



As early as 1977, Meteosat 1, started routine
observations of the Earth's atmosphere and
surface, thus inaugurating a service which has
now become not only a major tool to the
meteorological community in Europe, but also
an essential component of the global
observational network which make up the World
Weather Waich. The Meteosat fam ily of satellites
comprises now 5 satellites and the system has
become operational in 1989,

One of the Agency's deliberate limitations is that
it concentrates on the pre-aperational phase of
project development. Once the system has proved
operational it is handed over to separate entities
for operating the new services and for passing
them on to the real end users. Thus, Meigosat is
now operated by Eumetsat, the European
Organization for the Exploitation of
Meteorological Satellites which is based in
Darmstadt, Germany.

The Agency's primary responsibility is to
conduct innovative research and development for

ERS 1
EUROPE'S FIRST REMOTE SENSING SATELLITE

OBJECTIVES :

PAYLOAD :

INCREASE SCIENTIFIC
ZONES AND GLOBAL
OF THE POLAR REGIO

EQUIPPED WITH AN ACTIVE MICROWAVE INSTRUMENT (AMI)

O

the benefit of its member states. In the field of
Earth observation for example the Agency's
function is to draw together a coherent policy
and to take the lead in research and development
in support of future missions, This may
include the conception, development and
demonstration of new techniques that in the
future. will replace or enhance existing
instruments.

A good example of this is the Agency's first
Remote Sensing Satellite (ERS-1) with its
unique set of all-weather microwave
instruments to monitor ocean and ice processes
for scientific research and applications purposes
which has been launched on 17 J uly 1991. The
spacecraft which is now fully operational has
sent back some impressive results and the
scientific community is full of enthusiasm for
the first data which have been obtained from
this innovative mission so far.

ERS-1 is only the forerunner of a new
generation of space missions planned for the

UNDERSTANDING OF COASTAL

NS

CEAN PROCESSES, MONITORING

FOR ALL-WEATHER RADAR OBSERVATION

APPLICATIONS :

LAUNCH : 1991

OFF-SHORE ACTIVITIES, SHIP NAVIGATION, FISHERIES,
OIL POLLUTION MONITOR

ING

EOM 1.07.1989
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Spacelab

19



OPERATIONAL ORBIT
525 km

TRANSFER TO
MISSION ORBIT

DEPLOYMENT

LT

Eureca mission scenario
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| ESA TELECOMMUNICATIONS PROGRAMME |

s | e wssion
OTS 11.05.1978 | Fixed Services In-orbit Demonstration
MARECS-A 20.12.1981 | Maritime Telecommunications (Voice and Data)
ECS-1 16.06.1983 | Fixed Services (Voice, Data and TV distribution)
ECS-2 04.08.1984 | Fixed Services (Voice, Data and TV distribution)
MARECS-B2 10.11.1984 | Maritime Telecommunications (Voice and Data)
ECS-4 15.09.1987 | Fixed Services (Voice, Data and TV distribution)
ECS-5 21.07.1988 | Fixed Services (Voice, Data and TV distribution)
OLYMPUS 12.07.1989 | Fixed Services (Voice, Data, TV distribution
and direct TV Broadcasting)

INMARSAT OPERATES THE MARECS SATELLITES
EUTELSAT OPERATES THE ECS SATELLITES

Qesa—

obscrvation from space and to investigate such
phenomena as climate change, ozone depletion,
deforestation and desertification. This polar
mission which is part of the Earth observing

D/TEL 24. 07,1988

1990s aimed at making a substantial
contribution to the scientific study and
monitoring of the environment. Its full potential
can only be realized if the long-term continuity of

its onique data can be assured. Therefore, a
programme to construct, launch and exploit a
second flight model of ERS-1 was started in mid-
1990. ERS-2 which is due for launch in 1994 will
be a copy of ERS-1 but will also include the
capability of a Global Ozone Monitoring
Experiment (GOME).

This is also why part of the Agency's programme
is to carry out a polar mission to further expand

21

System, with missions to be flown by the
United States and Japan, will considerably
enhance Europe's capability for Earth
observation from space. Following the
decision by the ministerial council in Munich
in November 1991, development of the first
polar Earth observation mission has been
started in 1992,



Here I should like to say a few words about
international collaboration, since this will become
an increasingly important aspect of future space
activities, particularly in support of such missions
as global change and environmental menitoring,

On a larger scale beyond Europe, we are
increasingly faced with issues such as climate
change, ozone depletion, deforestation, and
desertification, where a broad international initiative
is needed. Considering the global dimensions of
environmental change, international cooperation is
a key factor in the realization of the initiatives
undertaken by the space nations.

The European polar platform missions scheduled for
launch at the turn of the century should be seen in
this international context alongside the Earth
Observing System of the United States and the
Japanese platforms. The objective of each of these
missions will be to provide complementary data
sets as a contribution to the study and assessment
of the Earth's total system that makes up the

ARIANE 4

environment.
Microgravity

Space research also covers the study of materials
and organisms in orbit under conditions where
gravity is nearly absent. This discipline, which is
still in its infancy includes a large variety of
activities. The focus of the keenest scientific
interest at present are areas such as material
sciences, chemistry, fluid dynamics, pharmacy and
life sciences.

It was against this background that ESA
developed Spacelab, the first space laboratory,
consisting of a laboratory module and pallets.
Spacelab made its first flight in late 1983 on
board the US Shuttle and has since been flown on
several other occasions.

The most recent major milestone was the
International Microgravity Laboratory mission
IML-1 launched by the Discovery on 22 J anuary,

ARIANE 4 | ARIANE 4 ; ARIANE 4 ARIANE 4 | ARIANE 4 ARIANE 5 ARIANE §
[40) (42F) (44P) {421 (44Lp) (44) L9 (HERMES)
1835 kg* | 2650 kg* | 1920 kg* | 2600 kg* [ 3300 kg* | 3150 kg* | 3800 kg* | 4230 kg* 8920 g 22000 kg
2 SOLID 2 SOLD 4 50LID 2 LIUD 2 50LD 4 LIQUID IN LOW ORBIT
BOOSTERS BOOSTERS | BOOSTERS | BOOSTERS | BOOSTERS BOOSTERS
+ 2 LiQuiby
*MASS IN GEOSTATIONARY TRANSFER ORBIT BOOSTERS esa
D/STS 501 10.09.9 e
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ARIANE LAUNCH RECORD

w

;
i

48 LAUNCHES, of which
43 SUCCESSFUL placing
80 SATELLITES IN ORBIT

10.02.1992

ARIANE 5
FUTURE HEAVY LAUNCHER FOR 1995, AND BEYOND

OBJECTIVES OF THE ARIANE-5 PROGRAMME

Maintain competence, competitiveness and independence of Europe in the field
of heavy launchers,

by developing an optimum European launching system for GTO missions which at the
same time opens access to the low Earth orbit ( space stations and manned missions)

The Ariane-5 launch system will be called upon to carry three types of missions :

@ launch commercial geostationary and sun-synchronous satellites, scientific
satellites and experimental application satellites

® launch of the Hermes spaceplane

® launch elements of the Columbus programme

D/STS 1.10.1991 @
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and which was dedicated to fundamental life
sciences and materials science experiments to
which the Agency was providing the Biorack and
the Critical Point Facilities and an astronaut,

There is also the first launch of the European
Retrievable Carrier, Eureca. This satellite is a
reusable unmanned platform mainly dedicated to
research in the microgravity environment which
will be launched by the Shuttle, remain in orbit
for several months, and than be retrieved and
brought back to Earth on a later Shuttle mission.
This satellite weighs about 4.5 tonnes and is the
largest satellite so far "made in Europe”, It is also
a first in so far as it is the first time that the
Agency will fly a retrievable carrier. Eureca is due
for July this year.

Additional flights of Spacelab and Eureca are
planned in the period between 1995 and 1997 with
the aim to prepare the user community for the
utilization of the Columbus elements.

Telecommunications

In less than three decades the use of satellites for
communications has revolutionized global
communications and mobile communications
systems hold a similar promise for the future.

Building on the basis of the Orbital Test Satellite
(OTS), ESA hag developed two series of
operational satellites: the European
Communications Satellites (ECS) which have
been leased to the European Telecommunications
Satellite Organization Eutelsat, and the Maritime
Communications Satellites (Marecs), which have
been leased to Inmarsat, the International
Maritime Satellite Organization,

In July 1989, the Agency launched the large
advanced experimental communication satellite
Olympus. Through its experimental programmes
which involve a large number of research
institutes and development organizations, this
satellite is demonstrating new applications in
communications and broadcasting and will assist

DOUBLE LAUNCH

SINGLE LAUNCH

ariane

HERMES

]

MISSION — SPECIFIC
UPPER COMPOSITE

GTO

_|_

STANDARD
LOWER COMPQSITE

DIRECTORATE THE ARIANE 5 STS/ADICS

OF SPACE

4/88

TRANSPOZIATION LAUNCHER SYSTEM CONCEPT

SYSTEMS



in the development of the use of new frequency
bands.

The future ESA telecommunications programme
includes the Artemis and the Advanced Orbital
Test Satellite projects, whose aim is to develop
and demonstrate new, advanced technologies such
as communications to land-mobile terminals, Ka-
band and optical inter-satellite data links.

As a continuation to the development of a
European In-orbit infrastructure which wilk
become available in the late 1990s to provide
support to such programmes as Columbus,
Hermes, and the polar Earth observation mission,
the Agency plans to develop a Data Relay
Satellite System,

Europe has had considerable success in the field
of space telecommunications. However, the
implementation of the Single European Act and
the creation of a single market will certainly
bring about a fundamental change in the market
conditions for the producers, suppliers and
operators of communication satellite systems.

COLUMBUS
POLAR-PLATFORM

25

Europe must be prepared for this new challenge
and work actively (o come forward in the world
market as a competitive supplier of services. In
this respect, ESA has a leading role to play,
coordinating European initiatives and efforts.

Space Transportation

The exciting scientific and technical possibilities
which space offers cannot be realized without a
reliable and efficient launcher system, which is
the key to all space activities. Without
independent access to space Europe would be
unable to compete in the world satellite market,

The development of the first version of the
European launcher Ariane 1 was decided in 1973
in order to give Europe an independent launch
capability. ESA delegated responsibility for the
technical and financial management to the French
national space agency CNES, After a first
development launch in December 1979 and three
further development launches, Ariane 1 became
operational in January 1982. In 1984
responsibility for production, commercialization

THE COLUMBUS PROGRAMME

LABORATORY

COLUMBUS FREE FLYING



and operational launching was handed over to
Arianespace, a private law company created in
March 1980 by the 36 main European
manufacturers in the aerospace and electronic
industries, 13 major European banks and CNES.

An Ariane follow-on development programme was
initiated in 1980 to develop an upgraded version of
the launcher (Ariane 2 and 3) allowing it to launch
heavy satellites and to perform dual faunches, a
major contribution to cost-effectiveness. Together
with Ariane 1, this launcher was used 28 times, Iis
last launch took place in July 1989.

In the meantime, a second launch facility, ELA 2
was build in Kourou, French Guiana and used from
March 1986 onwards. In January 1982, the
development of Ariane 4 was initiated. Its first
launch took place on 15 June 1988. Ariane 4 has
six versions to give it a technical and operational
flexibility. This version has been used 21 times, a
further 49 launchers being under production and
planned to be launched before the end of the
century. Ariane has so far performed 48 launches
putting 80 satellites in the desired orbit.
Arianespace has a backlog of 35 satellites to be
launched, worth approximately US $ 2.7 billion.

With its launcher Ariane, Europe has one of the
world's most reliable and versatile space
transportation systems and is able to compete
successfully in the commercial launcher market.
However, new expendable launch vehicles are under
development in the United States. Japan also plans
to produce a competitive launcher. Hence the
decision of the ESA member states to undertake the
development of a more powerful launcher, Ariane 5,
in order to meet both its launcher needs and those of
other users in the 90s.

Figure 21 here

In order to meet the further market requirements,
detailed investigations were carried out to define an
optimum European launching system for
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Geostationary Transfer Orbit missions while at
the same time opening up access for Europe to
manned missions,

In January 1985 the Ministers of the ESA
member states meeting in Rome endorsed the
proposal to develop the Ariane 5 heavy lift
launcher, a decision which was confirmed at the
ministers meeting in The Hague in November
1987. The first development launch is scheduled
for 1995 and operational status for automatic
missions is foreseen a year later.

In addition to the development of the launcher,
the programme includes the development of the
ELA 3 launch site together with certain
production facilities in French Guiana.

Ariane 5 will be capable of placing payloads of
up to 6.800 kg into geostationary transfer orbit
and up to 18.000 kg in low Earth orbit. It will
also serve as the transportation system for the
Hermes manned spaceplane.,

The launch cost will be 90% of that of the most
powerful version of Ariane 4, which in view of
the higher performance, represents a reduction of
45% in the cost per kg in orbit for the GTO
missions.

All manufacturing and test facilities have been
built and are in operation. Design is well
advanced and manufacturing is well under way.
Major systems such as the cryogenic engine
Vulcain, the solid propellant booster, have
started, or will soon start their tests at system
level,

In-orbit Infrastructure Programmes
In addition to the expansion of its launcher

capacity, Europe's future space activities are
centered around two major in-orbit infrastructure



Hermes spaceplane
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Hermes docked to MIR
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programmes: Columbus and Hermes, The
development phase of these programmes has been
initiated in 1987. A final approval of the second
phase is expected at the next ESA Council at
ministerial level at the end of 1992 in Spain.

Columbus

Europe is also participating in the development of
the International Space Station "Freedom"
proposed by President Reagan in January 1984
together with Canada and Japan with an
independent contribution called the Columbus
programme.

The ministers at the Rome Council meeting in
January 1985 accepted in principle the US
invitation and welcomed the Agency's proposal to
undertake the Columbus Programme, based on
preliminary studies by Germany and Iialy, as a
European contribution to the International Space
Station programme and as a first step towards a
European autonomous capability in manned

orbital operations,

Europe had already cooperated with the US in the
Spacelab programme. However, cooperation in the
space station was very different in character from
any that had been undertaken before.

In November 1987 a new ministerial council in The
Hague approved the first phase of the Columbus
Development Programme to which 10 European
countries participate. Less than one year later, on 29
September 1988, the multilateral Intergovernmental
Agreement (IGA) and the ESA/NASA
Memorandum  of Understanding (MOU) were
signed in Washington,

Columbus consists of three flight elements: the
Attached Laboratory, which will be launched by

the Shuttle and permanently assembled to the
International Space Station Freedom; the Free-
Flying Laboratory, launched by Ariane 5 and man-
tended through regular servicing missions by the

!TOTAL SPACE PERSONNEL IN EUROPE I

+ INSTITUTIONS 7300
(CNES, DLR, DARA, EUTELSAT, EUMETSAT, INMARSAT, ESA, ASI..)
« UNIVERSITIES 2305
+ INDUSTRY 38700
TOTAL : 48305
esa
10.02.1992 .
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spaceplane Hermes; and the Polar Platform also
launched by Ariane 5 but into a higher sun-
synchronous orbit and carrying Earth observation
instruments.

Hermes

Through the Ariane launcher programme, Europe
has achieved the capability 1o launch satellites into
space. With the Hermes programme, Europe intends
to acquire the additional capability for manned
operations in space.

The Hermes space vehicle will be launched atop
Ariane 5. It consists of the Hermes spaceplane and a
resource module, The spaceplane, after a mission
of typically twelve days in space, returns to Earth
in acrodynamic flight and lands horizontally on a
conventional runway of 3 km length. The resource
module, located at the rear end of the spaceplane,

offers place for additional payload and equipment
and allows to adapt the Hermes space vehicle to
missions of various types. It is separated from the
spaceplane in the early return phase.

Hermes can transport 3 crew members and 3
tonnes of cargo. The spaceplane brings the crew
and 1.5 tonnes of cargo back to Earth,

Hermes and Ariane 5 constitute a coherent and
complementary space transportation system.
Whenever the mission objectives allow, space
transportation tasks will be performed by Ariane 5
in the automatic, unmanned version, Hermes will
only be used for missions which require the
presence of a crew on board not for the mere
transporiation task, but for manned intervention in
space.

Its main mission will be the servicing of the
Columbus Free-Flying Laboratory.  Other

INT. SPACE OPERATORS / BUSINESS CORPORATIONS

EUTELSAT

European Telecommunications Satellite Organisation
Created provisionally in 1977, established in1982
and based in Paris. 26 members.

EUMETSAT

European organisation for the exploitation
of Metecrological Sateliites.
Founded by 16 countries in 1983 and based in Darmsiadt.

INMARSAT

International Maritime Satellite Organisation
Created in 1976 and based in London. 54 members.

ARIANESPACE

Established in 1980 for commercializing the
Ariane launchers. Based in Evry. 50 shareholders
(CNES, leading European aerospace firms, banks).

PR-2t 29 04.1988
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missions, such ag the servicing of the Columbus
Attached Laboratory, visits of the Russian space
station Mir or autonomous Hermes missions are
also under consideration,

With the exception of the United Kingdom all the
Agency’'s member states are participating in the
Hermes programme.Its first unmanned launch into
space is currently planned for 2002 followed by the
first manned spaceflight with a crew onboard in
2003,

Hermes represents a major technological challenge
as well as a major management challenge to
Europe, Iis design and construction present
engineers with the task of developing new
technologies in fields such as acrodynamics, high
temperature materials, power supply systems,
automation and robotics. Hermes is not only a
spacecraft but also a hypersonic aircraft. It is the
first programme in Europe that brings together
specialists from space technology and acronautical
engineering. Hermes thus constitutes the stepping
stone for Europe towards any further advanced space
transportation system of the more remote future,

Conclusion

In carrying out these and many more complex
missions, the European Space Agency (ESA) has
shown and continues to show that scientists,
engineers, industry and governments can overcome
national interests and ambitions to join in a
cooperative venture that has secured Europe a
prominent position in space research. As a result of
the increased maturity and level of Europe's space

N

capability, our industry is a valued partner when
conducting joint space activities with other
nations.

However, despite some spectacular achievements
in the past three decades, we are still very much at
the beginning of the space age and much needs to
be done to benefit from the exceptional
opportunities in science and technology that are
beckoning from space.

Europe is one of the world's highly industrialized
regions and the continued success of its industries
depends on their ability to remain in the forefront
of technological and scientific developments.
Space research and the technically challenging
space projects undertaken jointly by European
states within the framework of ESA can be seen as
being an essential element in Europe's
technological success.

Our principal partners and competitors, the USA
and Japan have recognised the significance of
vigorous initiatives in space as a focus for national
will and technological development for their
economies,

I am convinced that international collaboration
will become an increasingly important aspect of
future space activities, particularly in support of
such missions as global change and environmental
monitoring. Only by uniting the efforts and
resources of the world's space agencies we will be
able to stand up to one of the greatest challenges
the world faces at the end of this century.



32




GAME THEORETIC SYNTHESIS FOR ROBUST AEROSPACE CONTROLLERS

Jason L. Speyer
Mechanical, Aerospace and Nuclear Engineering Department
University of California, Los Angeles

Abstract

A synthesis method is described and illustrated for the
design of feedback controllers for lincar time-invariant
systems in the presence of plant and measurement
disturbances, and parameter uncertainty. The synthesis
method involves a state space description where the system
disturbances and uncertainties are embedded in the system
model. Furthermore, the cost criterion is a disturbance
attenuation function composed of the ratio of the quadratic
norm of certain cutputs to the input disturbances. The
outputs are chosen so that both desirable performance and
stability robusiness is obtained. The problem of finding the
controller which minimizes the attenuation function in the
presence of the worst disturbances is equivalent to a linear-
quadratic game problem. The result is a lincar controller
whose gains are determined from two algebraic Riceati
equations. This compensator is illustrated by three
examples. The first, representing the control of a two-mass
spring system, is used to motivale the approach to controller
design.  However, when viewed as a simple model of a
flexible structure, the problem is interesting and
challenging leading to a nonminimal phase conpensator.
The second example which illustrates an important control
problem with full state feedback, is that of controlling
attitude or attitude rate as well as mementum of the space
station. Finally, a VSTOL aircraft at a transition velocity
illustrates the partial information case.

1. Introduction

A disturbance attenuation problem is solved by a game
theoretic approach [1,2] where the control, restricted to a
function of the mcasurement history, plays against
adversaries composed of the process and measurement
disturbances, and the initial state. The resulting differential
game theoretic compensator for multivariable linear
systems is derived by a state space approach using a quadratic
performance criterion. However, compensator design is
based upon many specifications such as transient response;
stability and pertormance robustness with respect to process
and measurement disturbances, parameter uncertainty, and
unmodeled dynamics; and zero steady-state tracking error.
Compensator design based upon linear-quadratic theory
depends upon a proper state space that insures not only that
the system is controllable but that the resulting compensator
produces zero steady-state tracking crror.  Transient
performance and stability robustness depends upon the
choice of outputs and their weights in the quadratic
performance index. These ideas are first illustrated by a
spring-mass problem in the next section. In section 3 the
general game problem is formulated to produce the worst
case compensator. The resulting algorithm is presented and
some interesting characterizations are given. In the
following sections the mass-spring compensator is
developed along with two other acrospace problems. The
problem of momentum management and attitude control is
one of full state feedback whereas the string-mass controller
and the VSTOL aircraft controller invelves only partial
information where the controller is restricted lo be only a
function of the measurement sequence.

2. Two-Mass Spring System

Consider a two-mass spring system, shown in Figure
1, which approximates the dynamics of a flexible structure.
The system is described by

X1+ k (x)=xp)=u +w 1)

% + K (X)) = wetw 2

with a noncolocated measurement
Z=X+V 3)

where x; and x, are the positions of mass 1 and mass 2,
respectively, k is an unknown spring constant, the masses
are assumed to be 1, u is the actuator input, w is a plant
disturbance, v is a measurement disturbance, and w,is a
cyclic disturbance described by

welt} = A sin (5t + @) )
where A,, and ¢ are constant but unknown.

The design objective is to regulate x; in the presence of
disturbances v and w and to reject the external cyclic
disturbance in x; for all k with .5<k<2,

To include the cyclic disturbance within the state space

representation, (1} and (2) are differentiated until w,
disappears in the resulting system

WP =Ky +.25% = % - 25x) - 25 xqelew ()
i) . . - m
w =k +25% - %-25%) - .25 X+ ®

where the parenthetical superscripts ropresent the time
derivative order and T is a new control variable defined as

f=1+.25u v

Similarly, & is considered a new disturbance defined as

% =w + .25w. The new system (5) and {6) contains
uncontrollable modes at 5 = +.5) with respect to u. To
remove the uncontrellable poles from (5} and (6}, a new
state, &, is introduced as § = %, +.25 xy to compensate for the
required oscillation in x; and u to regulate x;. Replacing £ =

%t +.25 x; and & = x(iw + .25 X1 in (5} and (6), reduces the

system to sixth order with a state space representation

x=1& & %, %, S, x™T 8

with dynamic equation

x=Ax+Bu+T % z=Hx+v ®
where

01 ¢ 0 0 ©

-k 0 .25k 0 k 0
A 00 0 1 0 0 0
o0 0 0 1 o a0

00 0 0 0 1

k 0 25k 0 k25 0
B=[010000]T an
F=(01000 1T a2)

H=[0010900)7 13



This state space is controllable with respect to @i and
observable with respect to z. Note that the harmonic
disturbance is embedded in this state description explicitly.

So far only the additive process disturbances have
been addressed. The system matrix due to the uncertainty of
k about a nominal value of k, k,, is

Alk) = Alk,) + AA(AK) a4
where Ak = k-k,. The variation of the system matrix AA can
be decomposed to form an input-output system which
forms an internal feedback loop with an unknown gain Ak
as

AA=DAKE (15
where

D=[01000 -7 (16}

E=[-10.2501 0 Qa7

The matrix D is an input matrix and E is an output matrix

where the internal output is
y1=Ex (18)

A disturbance input associated with the parameter variation

is defined as
wy=Aky (19

This puts parameter uncettainty into the same framework

as other disturbance inputs. In"the next section these ideas

are generalized and embedded in the game theoretic
formulation.

3. A Game Theoretic Approach to the Disturbance
Attenuation Problem

The dynamic system of the last section is generalized
to the lincar system

k=Ax+Bu+Tw 20

z=Hx+Tv 2n

where from the last section identify T = [T, DI, w = { w, wy IT.
Here , x, u, w, and z are of arbitrary finite dimension and
the matricies A, B, I, H, and I'y conform to these
dimensions.  Although the system is assumed above to be
time-invariant, the following results apply to time-varying
systems as well [1,2].

The synthesis problem is characterized by a vector of
outputs whose quadratic norm is to be kept small by the
controller in the presence of the worst disturbance inputs.
These outputs are chosen in the design process to insure
both performarnce and stability robustness and are of the

form
y=[5]x [& ]

where the performance index is the quadratic norm

(22)

T T
I'= _llim JyTydtz ’I]‘-'»Tw J(x“CTO(mTC;TC:u)dt 23
—o0

where C,TC;>0. Note that y can be partly composed of the
output from the fictious loop given by (18). The control u is
to be chosen so as to preduce good transient response, limits
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in the control input excursions, and parameter insensitivit
by the choice of C, C; and the inclusion of E of (18}in C, This
choice of controllers is to be made under the assumption
that the system disturbances attempt to maximize J’

with quadratic constraints on their energy,

The above disturbance attentuation problem requires
the determination of a linear controller restricted to the
measuretnent history such that the disturbance attenuation
function is bounded by the constant y2 as

gTyTydt
1!‘1—'20 IT(WTW'tw+v1V"v)dt <
0

(24)

for all w and v where (wit), v 2 0. Tf Twy{s) is the closed-
loop transfer matrix between disturbances and outputs using
the linear controller that satisfies (24), then {24) can be
shown [1,2 ] to be equivalent to a bound on the so-called Heo
norm

My o < 5)

where | ITW,-| |eo is the inifinity norm defined as the
sup G {Ty(w)) where 3 is the square root of the largest

cigenvalue of the Hermetian matrix T’Ly(-(o) Twyl®) and @

is frequency. In other words, the peak amplitude is bounded
from above. The motivation is to pass as little disturbance
cfforts through the transfer function to the design outputs
in the above sense (25) as possible,

To solve the disturbance attenuation problem, a
related lincar-quadratic game problem is formulated and
solved where the solution gives the desired linear controller
to satisfy {24), The linear-quadratic game is to find a saddle
point control u* (Z,) where the measurement histoty Z, is
defined as

Zy={z(s),0<s <t} (26}
and the adversary strategios v*, w* satisfying the saddle
point condition *

Jlu®, v, whs T (ut, ve, wh) < (u, v*, w) 27}

where
T
1
= lim = {[yTv- Typ-1 Tyt
Jtu, v, w) _}mzo“‘[yy P (wTwl w T Vg
(28)
and is subject to the system of (20) and (21}

The game problem where | of (28) is minimized with
respect to u and minimized with respect to v and w exists if
Y2 is large enough and certain conditions of detectability,
stability and controllability are met [1,2 1, Note that with W
and V positive definite, the disturbance are penalized in the
maximization process.

t  The controls u, v, w are assumed to belong to the class
whose integral square norm exists called L, functions

t  The limit of T is used to note that the game
derivation was first solved in finite time and the
infinite-time limit produced the desired eontroller
[.2.



3.1 Game theoretic Compensator

In [1,2] it is shown that the order of the minimization
and maximation operations is important in the consturction
of the compensator. A controller strategy is spught which
satisfies the saddle point condition (27), not just the value of
the control sequence on the saddle trajectory. By
maximizing first with respect to w the process disturbance,
an estimation type algorithm results. This estimated state
replaces the state variable in the remaining problem.

Effectively, the process of maximation in this game
problem has an effect similar to the smoothing process of
conditional expection in the stochastic control problem. The
remaining min-max problem with respect to u and v
reduces to a standard linear-quadratic differential game, The
solution to this standard min-max problem produced a
linear compensator [3].

By making a particular linear transformation [1,2], the
final structure of the game thcorctic time-variant
compensator results as

X = Ax.+Bu*+Tw*+B,(z-Hx) (29)

u* =R BT I % 30)

wo =y WITx 31

B, =MHT ¥ 32)
where V=" VI, R = CTCy, and

M=0-y2PI' P>0 33

0=AT+NA-TTIBR!'B-vy2TC W T+CTC (34

0= AP+PA-B TV H-y2CTC) T 4+rWIT (35)

Note that as y2 goes to zero the algorithm associated
witht the lincar-quadratic-Gaussian (LQG) compensator is
recovered.  The game theoretic compensator is a
gencralization of the LQG compensator. The estimator
given by (29) is biased by the term Cw*. The strategy for the
worst case process disturbance w* is assumed in the
estimator rather than assuming the mean of the process as
given by the Kalman filter. Furthermore, the existance of a

P >0and T 2 0 from the two algebraic Riccati equations

(ARE) and condition M > 0 in (33) depends upon the value
of v. Asy? increases from zero, the solution to (34) and
(35} may take on more than one positive definite solution.
The smallest solution [1,2 ] is chosen since the bandwidth is
the smallest. However, as Y2 conlinues to increase one of
two pathelogical solutions occur. First, the most usual

(generic) case is that M becomes infinite. This means that
the gain is infinite producing a closed-loop pole at infinity.
To avoid unrealistic designs, the choice of v? becomes a
design parameter. The second condition is that the solution
to an ARE becomes complex. When either case occurs, then
the smallest yis obtained and the smallest bound on the
disturbance attentuation function (24}

3.2 System Parameter Uncertainty Modeled as an
Internal Feedback Loop

By adopting an input-output decomposition of the
patameter uncertainty, the uncertain system is represented
as an internal feedback loop (IFL) in which the parameter
uncertainty is embedded in the system as a fictitious
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disturbance.  This process illustrated in section 2 for
uncertainly in the A matrix is generalized to include all the
system matricies. This notion applied to the LQG problem
produced a general approach to loop transfer recovery {4].

Consider a time-invariant system with uncertainties
in the system, input, and output matricies described by

k= (A+AA) x+{B+ABu (36)

z = (H+AH)x (37
where other disturbances as given by (20) and (21) are
surpressed here. By using the input-output decomposition
modeling of the perturbation, AA, AB, and AH are
represented as

AA = DL, (&} E, AB = FLy(8)G, AH=YL(e)Z (38
where e denotes the parameter variation vector which is
constant but unknown.

As in section 2, an output y; is defined from the
decomposition (38) as

E Y
yi=|0]x+ C] u
[Z] [0
The process and measurement disturbances associated with
the paramcter decomposition is

(3%

we [ 0 0
[w{l = 0 e 0 |y “0
Ve 0 0 L©

The dynamic system using the uncertainty modeling now
becomes

X=Ax+Bu+Tywy “n

Z=Hx+Yv 42)

where [y = 1D Fland wy = [w;T w,'T%

The compensator given by (29) to (35) can include this
modeling by augmenting y with y;, w with w;, and v with v,
Note that the relative weightings between y and y; produces
tradeoffs between performance robustness and stability
robustness, respectively.

4. Spring-Mass system: Compensator Design and
Results

Given the state space model constructed in section 2,
the performance measure is now developed for control
synthesis. Since the siate is to be tracked, C = H where H is
given in (13). Furthermore, W /2= 07,1, =033, V= 1, G,
=.08, y=.043, and the n of CTC+n? ETE is 10. The value of n?
might be thought of as a weighting between transient
performance and robust performance. All the above
parameters where chosen by trial and error including n, T,
Ci.and . Substitution of these values into the compensator
algorithm of scction 3 produces a compensator transfer
function

K(s) 4 u(s)  4430{s+.08) (s-44) (5-2.83)

Z8) (s +.25) (s? + 1.785+9.67)

s? -.154.24
" (s? +6.565+13.51) (s2+15.685+124.99)

43)



Note that the difference between i and u is the transfer
function 1/52 +.25. The implementation of K(s} is shown in
Figure 2. The compensator poles are at +.5j, -3.28%1.66j, -
-B9+2.98), -7.8447.97]. Simulation have shown that
eliminating the compensator poles -7.8417.97) does not seem
to effect either performance or robustness. The compensator
has four nonminimal phase zeros; the complex zeros are at
05z.49j.

Figure 3 shows the root locus of 1-o G(s) Kis) with
respect to a.  Note the negative sign is embedded in K(S).
The square boxes in the figure indicate the closed-loop poles
located at -2.14, -33, -13+.56j, -.19+.25), -7742.5], -1.83+1.45j,
and 7.84£7.97j. Note that the root locus eminating from the

oscillatory plant pole at ¥2 j moves on to the real negative
axis. Also, the compensator pole at -7.84 $7.97] has not
moved for the range of values of o. For the controller K(s),
the gain margin is 3.23dB at the frequency .67 rad/sec and
the phase margin is 25 degrees at the frequency .20 rad /sec.
The root locus with respect to changes in the spring constant
k, shown in Figure 4, shows that the compensator stabilizes
the system over S<k<2,

In the simulation, the measurement is assumed
corrupted by zero white Guassian noise with a power
spectral density of .33. Time responses, shown in Figure 5,
for the nominal system and the perturbed system with k=5
are simulated. For both simulations, A, =.5, ¢=C, and all
initial conditions are zero. Figure 5 shows that for the
nominal case, the controlled variable x; has settled down
and the cyclic disturbances is rejected in x; in about 20
seconds, and for the perturbed system with k=5, the settling
time has been slightly delayed.” Furthermore, note that the
control amplitude is not excessive for the given input noise
indicating little amplification.

5. A Robust Momentum Management and Attitude
Control System for the Space Station

A game theoretic controller developed in section 3 and
in [1,2 ] is applied to the attitude/momentum control for the
space station [6,7] which uses control moment gyros (CMCs }
as the primary actuating devices and gravity gradient torque
to manage momentum stored in the CMGs. The moments
of inertia of the space station are assumed constant but
uncertain, Full state information is assumed since the
attitude and attitude rates are assumed to be very accurately
measured. Disturbance rejection filters are constructed o
handle the external cyclic disturbance torques in much the
same way as the harmonic disturbance was embedded into
the state space as shown in section2,

Although the linear-quadratic regulator has
guaranteed gain and phase margin, many systems remain
sensitive to parameter variations. The application of the

ame theoretic approach combined with the internal
%eedback loop {IFL) decomposition for describing parameter
uncertainty as presented in section 3 allows very large
variations in the inertia of the space station with little
deterioration in performance. This control problem is
particularly interesting in that the variation in the moments
of inertia are bounded by physical constraint. The IFL
decomposition allows selective changes in the moments of
inertia to be included in the design process. In the pitch
channel, there are two independent parameter
uncertainties, one associated with the system matrix and the
other associated with the input matrix. The quadratic norm
of the fictitious output from the IFL, decomposition of the
system matrix auguments the quadratic cost criterion and
the augmented term represents a measure of system
robustness. The effect of the fictitious inputs by the
decomposition of the input matrix is to increase the gain.
However, in the roll-yaw axis where there are three
independent parameters, stab.!ity robustness in directions
associated with inertia varialions that can be made large
before reaching physical constraint is achieved without
increased bandwidth. The essential design task is choosing
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the weighting for combining the parameter uncertainty
directions which improve stability robustness subject to the
physical constraints on the inertias,

5.1 Space Station Dynamics

The space station is expected to maintain a local
vertical /local horizontal {LVLH) orientation during normal
operation. Suppose that the space station control (body) axes
are aligned with the principal axes. (For the phase-1
configuration of space station, this is a good assumption.)
For the small deviation from LVLH frame, the linearized
space statlon dynamics are described as

. 1

& + dwp keb - 0,1k =~ 7, (T 4
8- 302k, =- % (T, -wy) “s)
V- 0ok, o (14+k,) § = - -:;ﬂ‘, -W,) {46)

where the body fixed axes (x,y,z) denote the roll, pitch, and
yaw control axes with the roll axis in flight direction, the
pitch axis normal to the orbit plane, and the yaw axis toward
the Earth; ¢, 8, and w denote the roli, pitch, and yaw Euler
angles with respect to the LVLH frame: (T, Ty, T.) is the
control torque vector produced by the CMGs with respect to
the control axes; {w,, Wy, Wz} i3 an external disturbance
torque vector with respect to the control axes; w, is the
orbital rale of 0.0011 rad/sec; and k,, ky, and k, are the
parameters defined from the moments of inertia, L, Iy, and
Las

I -1 L-1
ky=_—y&-kz='&l_x- 47)

L
Terms involving @} in (44) to (46) represent the combined

gravity gradient and gyroscopic torque in each axis. The
CMG momentum dynamics are

]:‘x = mohz = T: 48)
fly = Ty (49)
h, + oo, =T, 50

where (hy, hy, h;) are the CMG momentum veetor with
respect to the control axes. It is assumed that the Euler
angle, the Euler angle rate, and the CMG momemtum are
perfectly measured. The roll and yaw dynamics are coupled
while the pitch axis is uncoupled.

The physical constraints for the parameters k,, ky, and
k;, due to the triangular inequality of moment of inertia [8]
are

lkl<1,i=xyz 1)

The moments of inertia, 1,, Iy, and I, are assumed constant
but uncertain and described by

L=l +AlL, i=xyz {52)

where the subscript n and Al denote the nominal value
and the variation of each moment of inertia, respectively.

Then, the pararreters, k,, ky, and k;, can be represented as

k =k, +ak, i=xygz, {53



where k, denotes the value of k with nominal values of
the moments of inertia and Ak, denotes the variation due
to the variation of the moments of inertia. The nominal
values of the moments of inertia for the Phase-I
configuration are

1, = 50.28E6, I, = 10.80E6, I, = 58.57E6

in unit of slug-ft2, In order to check a stability margin for
inertia variation, ten types of variations of the moments of
inertia listed in Table 1 are considered. Each variation is
limited by the physical constraint (51). Table 1 also shows
the physical limit of each type of variation.

The external disturbances (wy, wy, w;) are modeled as
[9]

w; = Al sintogbHgy)+A 1 sin Qoot+gs) +BY, (54

. ' d ,d d
i = x,y,z where Ay, Ay, and By are assumed constant but

unknown. The cyclic aerodynamic disturbance at orbital
rate and twice the orbital rate are duc to the diurnal bulge
and the rotating solar panels, respectively.

52 Pitch Control

The pitch channel is described by {45) and (49). 1t can
be shown by use of the Routh-Hurwitz criterion that if k,
changes sign from its nominal value, then the system
cannot be stabilized. The objective is to determine a
controllable (or at least stabilizable) state space. Again, since
wy i8 a sum of harmonics, a state space is constructed such
that w;is embedded as was done in section 2. Even so, it is
seen that the monentum can not be regulated about zero

although oscillatory while regulating 8. Instead, only @ is
regulated to be zero,

In the pitch channel the uncertain parameter appear
linear in the system coefficients, These appear in (45) as k,
and 1y,/1, where 1/1, = (1/1,) (l,.,,/],,) where I, is the
nominal value of I,. The controller design process is
completely described in [6,7]. Improved performance over
the linear-quadratic regulator is shown in Figure 6.
However, some of this improvement can be attributed to an
increase in system gain, The closed-loop eigenvalucs are -
4.77, -1.52, -.55+.42j, - 13+£1.00j, ~5921.9%) where these poles
are normalized with respect to the orbital frequency.

Figure 7 shows the time responses for the nominal
systemn and a perturbed system with 8 = 60% in A, variation
denoted by solid line and dotted linc, respectively.  As
expected, the attitude approaches TEA attitude, -7.6 degree
for nominal system, and about -5.degrees for the perturbed
system while the CMG momentum oscillates with zero
mean value at steady state.

5.3 Roll-Yaw Control

The controller for the roll-yaw axes can be developed
in similar way to the pitch axis.

Define

e =d-d, €= YWY (55)

where ¢ and w, are the command roll and yaw attiitude,
respectively, and are assumed constant. Representing (44)
and (46} in terms of o, and e,, and diffcrentiating the
resulting equations along with (48) and (50} yicld a set of
dynamics where the harmonic external disturbances (w,, w,)
are embedded. This system containes uncontrollable modes
at s = 0 (double pole), s = tju, (double pole), and s = 12 ju,
(double pole} which arise from the external disturbance
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torque. This means that the external constant disturbance
torque and cyclic disturbance torque can be rejected in only
two of the four states e,, e;, h,, and h,. In a similar way to

the pitch control, these uncontrollable modes can be
removed by changing the regulated variables. Tables 2 and 3
show the combination of two states in which the constant
disturbance and the cyclic disturbance are rejected,
respectively. As shown in Tables 2 and 3, an uncontrotiable
mode still exists in some of the outputs e,, e, h,, and h,.

Note that it is always e, that does not reject the cyclic
disturbance. However, contrary 1o the pitch channel where
bias in Yi tch angle can not be regultated, the bias in both yaw
and roll angle can be rejected, leaving only an oscillation in
the roll angle. In this paper only case i for constant
disturbance rejection and case 6 for cyclic disturbance
rejection are considered.

In order to reject the constant disturbance torque in
the attitude channels, the uncontrollable double poles at s =
0 are embedded in the CMG-momentum channels by

regulating b, and h, instead of hy and hy. Similarly, the
uncontrollable double poles at s = tjw, and s = +2jw, are
embedded in the roll-attitude and yaw CMG-momentum
channels to reject the cyclic disturbance torque in yaw-
attitude and roll CMG-moementun channels. That is,states
representing oscillatory motion as represented by & in
section 2 are defined.

The dynamic system includes four system parameters,
Ky, kg, fx = L/ Iy, and £, = 1,,/1,. However, one of them are
represented in terms of others. f, are represented in terms
ofk, k; and f, as

1

El
|~

kZ
f= K, fe (56}

—

xn

For small variations of k,, ky, and {,, the variation of f,, Af,,
is approximated as

Af, = KAk, + Kodk, + KaAf, 7)
where
Lo (1+k,} ! 1 Lp 1+k
R+ B R M+~ R . . R o L an
ke = [xn (1 -km)zr kz a Im ]'kxn' ke = [xn 1- erl 8)

The IFL  decomposition is structured with respect to the
three parameters k,, ky, and f,.

The controller design design process is described in
16,7]. The closed-toop cigenvalues are

2262, -1.75, 105 + 0.06)
-0.10 £ 0.98) 028 + 1,09
-0.21 £ 0.06] -023 % 0.904
010 £ 197 -0.38 + 2.05

where these poles are normalized with respect to the orbital
frequency. The largest closed-loop cigenvalues are seen to
remain close to the orbital frequency. The stability margins
in some specific variations are listed in Table 4. For all type
of variations listed in Table 4 except Ay, As, and A4, the

designed controller stabilizes the system far beyond the
physical limit which mcans that good performance
robustness is achicved for these directional variations. For
Ay, Az, and Ag, 62% stability margin is achicved. Figure 8

shows the time responses for the nominal system and a
perturbed system with & = 60% in Ay variation denoted by
solid line and dotted line, respectively,  With no noticabie
performance degration, the system appears to have good
performance robustness. The constant disturbance torques
are rejected in roll-yaw attitude channcls while the cyelic
disturbance torques are rejected in roll-CMG and yaw
attitude channels. The CMG momentum in the roll
channel approaches a constant value while the CMG



momentum in the yaw channel oscillates around a constant
value. The biased CMG momentum in steady-state can be
changed by changing the command attitudes, ¢, and y_.
The CMG momentum in roll-yaw channel is unbiased
when the command attitudes are set to the torque
equilibrium attitude (TEA).

6. Robust Hover Control for a Short Take-
off/Vertical Landing Aircraft

A robust command tracker is developed for the
transition-to-hover mode of a short take/off vertical landing
aircraft designated the E7 [10]. The general configuration of
the aircraft is shown in figure 1 from [11). The control
design focuses on the longitudinal dynamics alone, which
have been shown to be well decoupled from the lateral
dynamics. An analysis of the open-loop dynamics using
singular vectors shows that the aerodynamic control
effectors have sufficient authority at the given flight
condition, such that the reaction control system thrusters
are not needed.

Handling quality studies have shown that the desired
control objective should be to command forward
acceleration and flight path angle. Good compensator
performance is indicated by good command tracking and
decoupling under nominal design conditions and in the face
of design uncertainties due to modelling error, dynamic
unknowns, and external disturbances. At the very least,
the compensator should stabilize the aircraft through all
anticipated uncertainty regimes.

For this objective, the game theorctic controlier is
used. Good robustness with respeet to the unmodeled
actuator dynamics and for significant uncertainty in the
flight conditions, specifically in the Nozzle Pressure Ratio
(N%’R) is demonstrated. Step command responses for the
game theoretic controller show that tracking performance is
minimally degraded by variations in the NPR.

6.1 System Model

The E7 is a Short Takeoff/Vertical Landing (STOVL)
fighter /attack aircraft currently under development at
General Dynamics. The conventional acrodynamic control
effectors include elevons, ailerons and a rudder. The
propulsive contro! cffectors needed at low speeds where
there is insufficient aerodynamics control authotity include
a Reaction Control System (RCS), an Augmented Deflector
Exhaust Nezzle (ADEN), a fixed aft nozzle, and an ejector
system. The general arrangement of the controls in shown
in Figure 9,

The RCS system consists of a forward theuster for
noseup pitch control, a thruster on each wing also for pitch
control as well as roll control and two rear thrusters for yaw
control. The ADEN nozzle deflects the engine core air from
0 degrees (straight back) to 110 degrees {forward and down).
The ejector system splits the engine fan air between the
ejectors positioned under cach wing root and the fixed aft
nozzle. The distribution of the fan air is parameterized by
the Mass Split Fraction which is zero when there is no aft
nozzle thrust and one when there in no ejector thrust, Sce
[10] for more details.

62 System Dynamics

The E7 lincarized dynarnics have been provided as a
16 state combined longitudinal and lateral model. A
standard procedure is lo decouple these modes by
truncation. With conventionally configured aircraft this is
usually a good approximation.” Four lingar, coupled first
order differential equations describe the aircraft state
dynamics, equations (59) to (67), The associated state
derivatives are for now assumed to be known. Six moce
equations (62)-(67), describe the first-order actuator dyamics.
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The longitudinal dynamics of the aircraft model including
actuators are completely described by ten coupled linear
differential equations, The longitudinal dynamics consist of
the state u, w, q and § which are Tespectively the perturbed
forward body axis velocity, downward body axis velocity,
pitch rate and pitch angle.” Actuator states are also included
as §,, E::i, k, theta, tpr and tp which are respectively the
perturbed elevon angle, pilot lever angle (throttle}, mass
split fraction, aden nozzle angle, symmetric right and left
wing thrusters and nose pitch thruster. The equations
coefficients unfortunately have not yet been publicty
released but the actuator dynamics and the open loop poles
are given in Tables T and 2.

i =Uu+U,w+ qu+U99+U582+Uphpla+Ukk
+ Uy By + U, tpr+ Uptp 59

w= Wuu + Www + qu +W@ 04+ Wase + th plﬂ +
Wik +Wg, 0, + Wipe tpr + Wy tp

q=Qu+Quw+Q,q+Q,8 + Qs 8, + Qp, pla +Qy ket

Q k+Qy, 0, + Quetpr +Qp tp 60
b=q (61)
Bo=-0n B +0 g ug, 62
pla = @y, pla + iy, uy, (63
k= oy k+ o, 64
8 = en, By + Gy g, (65)
1PI = Gy PT + Oy Ugpy (66)
t'p=wq,tp+w.p Up ©7

63 System Observations

The measured quantities are the forward body axis
acceleration A, and the flight path angle v. Other inertial
measurements such as normal acceleration A, pitch rate q
and pitch angle 8 are also available as well as the usual
airmass measurements, airspeed V and angle of attack o,
An inspection of the observability grammian shows that
measureing only the tracked variables A, and 7 is not
enough to make a completely observable systerm.

Experiments with several combinations of
measurements showed that the observability grammian is
always singular when at least some of the actuator positions
are not measured. This is because there are five actuators
with identical dynamics (the pilot lever angle has a slower
actuator) controlling three airframe statos u, w, and q.
Unlike many conventional aircraft, most control effectors in
the E7 have position sensors so, for a good cause, it may be
reasonable to take advantage of them. However, although
the system is not completely observable with actuator
measurements, it is detectable and it will be shown later that
with careful regulator design, actuator measurements are
not needed for performance or for stability enhancement.

An expression relating the forward acceleration and
the flight path angle to the aircraft states is needed to form
the tracking errovs. The forward acceleration measured by
the accelerometer is given as the sum of the acceleration at



the center of mass of the aircraft and the acceleration
relative to the center of mass caused by rotation.

A, = Vcos a + V(g - &) sin a+
AZpc) - BXoclf? 69)

All units are feet, seconds and radians. Since angle-of-attack

a is given by the ratio of body axis downward velocity to
body axis forward velocity

tana = W/U, (69

the forward acceleration may be relaled to the current state
variables as

A, = Wq+i )

An expression for forward acceleration is found by

combining (13} with the state equation (1) for G as

A= Uu+ U, w +(W+ Uq)q + Ug O+
Uaﬁe -+ Upl: pli! + Uk k+
Ugr 8y + Uiy tpr + Utp 71

The assumptions made to get from (68) and (69) to (7() are
that pitch rate perturbations q are small so that the Ax,.q?
term may be neglected. Also the accelerometer is assumed
to be colocated with the center of mass of the aircraft so that

the term Az,..q is zero.

The flight path angle v is defined as the angle made by
the velacity of the aircraft center of mass and the local carth
fixed horizontal axis. Thus

Y= 0 -« 72

If (69) is linearized, a perturbed angle-of-attack is related to
the states by

a= - (W/V+ (U/VDw (73}

so that a measurement equation for the flight path angle is
¥ = (W/VEu+ (U/VDw+ 0 74
64  Regulator Design

Proper formulation of the linear quadratic regulator
requires that all states and controls go to zero in steady state.
Since the command variables are forward acceleration A,
and flight path angle v, a reasonable choice for the design
state space would include the commanded forward
acceleration error and the commanded flight path angle
error, E o, and E,. First, a transformation from the state
space (u, w, g, 8, act} to the state space (A, ¥, g, 8, act}isa
straight-forward but tedious application of (71) 1o the state
equations (59) through (67). Here, the notation act denotes
the set of actuators states (§,, pla, k, 0,) where the RCS wings
and nose thrusters tpr and tp have been eliminated.
Unfortunately, the further transformation from a (A, v, q, 6.
act) state space to one involving the tracking errors (Ea, Ey q,
8, act) includes nonzero forcing terms on the error state
equations. By differentiating all equations once, constant
forcing terms are eliminated. The resulling set of system
equations is augmented with the tracking crrors E,, and Ey
as integrals of the their first derivatives. The cffect of the
differentiation is to force the regulator to provide integral
plus proportional compensation.

Application of the game-theoretic controller to the
above equation of motion yields a singular Riccati equalion
for any choice of state weightings. This is because the system
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(Esx, Ey, Eaxt, qu, 8y, acty) (where the notation subscript 1
denotes the first derivative) is not completely controllable
with respect to the controls (uge, Up,t, Uxt, Ugnr). To see this
go back to the forward acceleration cquation (20} and take
the first derivative,

Ag=Wq+ iy {75}

Taking the first derivative of the state cquation for u (59)
and substituting for 0, in (75) gives

Ay = Uguy + Uywy + (W Ug) g1 + Ughy +
a)ét Ujqact; ({76}

Bur, (59) provides an expression for u,; in terms of A,

up == A - Wq 77

which clearly shows that forward acceleration is linearly
dependent on its first integral and the other states as

Ay = UgAy + Uy wi +

W +Ug) qy +(Up - U, W) By +
aEdU.nach 78

after the state wy is eliminated in favor of ¥,. When (78) is
rewritten in terms of the error states E, and E,, the tracking
command reenters the state equations. This cannot be so for
proper application of the game-theoretic controller since the
states and controls cannot all go to zero for a nonzero
tracking command. Therefore, the state equation are
differentiated once more, this time with the Ea, g state
climinated through (78). The state space for the game-

theoretic controller becomes X = (Eay, Ev. Eayy, G2, 62, 80y,
plaa, ky, Onp).  The system controls for the game-theoretic

contreller are U = (ugg, Upiaze Uy, Ugnz)e

Instead of requiring the system to respond directly to a
step command, the use of command prefilters was found to
greatly improve the transient response.  The first-order
prefilters are implemented as

Axc = - WaxAXe + Waxliag (79}

¥ = WY+ gty 80}
with @, =-2and w; = -2. The game-theoretic controller

design state space X is augmented by the second derivative
of the prefilter states to produce the final fourteenth-order
stabilizable state space.

X = (Epg By Eaxt By %0 2 B2
Axa, Yo Scy plag ky, 6ny)

= X, Axa ) &N

6.2 Performance of the Game Theoretic Controller
to the E-7 Aircraft

In [10] the design procedure and design parameters
are given. The closed-loop poles associated with the
nominal game-theoretic compensator are given in Table 7.
The tracking performance for both nominal and off-
nominal flight conditions are evaluated in terms of two
anit command inputs: one {1.0) foot per sccond? of forward
acceleration with no flight path angle change, and one (1.0)
degree of flight path angle with no change in forward



acceleration. The response of the commanded states to the
acceleration change at the nominal flight condition is
plotted in Figure 10. The flight path angle never deviates
more than 0.1 degrees from its trim condition, and it settles
within four (4) seconds after the command. The forward
acceleration response is excellent, exhibiting no overshoot
and a settling time of 2-3 seconds. Also note that the
integral of the coupling response is quite smatl, such that
the effect of the flight path errors on the aircraft position wil
be negligible.

For this game theoretic compensator, the nominal
response of the commanded states to the unit flight path
step is shown in Figure 11. The peak overshoot is about
15%. The foward acceleration peak coupling is from about -
$0.40 feet/second®. The settling times for both the coupling
and the commanded flight path angle are between 2 and 3
seconds.

By simulating each command time response at all five
values of the nozzle pressure ratio (0.2, 0,225, (.25, 0.275, 0.3,
both stability and performance robustness are analyzed for
the game-theoretic compensator. The responses at each
flight condition to the forward acceleration command are
displayed together in Figure 12, and the responses to the
flight path angle are shown in Figure 13, Stability of the
closed-loop system is verifed for the entire range of
uncertainty in the nozzle pressure ratio. Additionally, the
performance of the nominal tracker is almost duplicated for
the four off-nominal responses to the forward acceleration
command. This result indicates that the closed-loop modes
which dominate the acceleration response have been
desensitized to the dynamic parameters which vary with the
nozzle pressure uncertainty, The settling times remain
essentially constant across the NPR range. In Figure 13,
some degradation of the overshoot of flight path angle may
be seen for decreased values of NPR.  As much as 25%
overshoot is evident in one off-nominal response,
However, the coupling into forward acceleration actually
improves in some of the off-nominal simulations, and the
settling times of both the decoupling and the tracking are
not degraded with respect to the parameter uncertainty.
These characteristics scem to occur in the game-theoretic
compensator, which explicitly includes the expected
uncertainties in the gain calculations.

7. Conclusions

The game theoretic controfler and the [FL
decomposition have been described and illustrated.
Complex examples have been used to illustrate the
robustness of this system. These examples include the two-
mass spring system with a harmonic disturbance. The
spring constant was assumed unknown. The momentum
management and attitude control system for the space with
harmonic inputs. Here, the moments of incrtia were
uncertain. Finally, the VSTOL aircraft controller was
designed using this methodology where the nozzle pressure
ratio was uncertain. In each of these cases, a state space that
was stabilizable had to be determined. This is critical in
obtaining a rational compensator design.  This process
usually meant inserting integrations so the the effective
mutltivariable controller was essential a Pl compensator.
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Table1: Variation type and physical limit of

variation due to the triangular inequality

Variation Type

(A; = [Al AL AL, N Physical Bound of §

Ay =6 L Ly L =H00% <d< =«
Do =8 ~Ton Ly o] =159% <6< 26%
Sa=d{la =L La]  —819% <6< 1319
Semdla by - 1] —21% <6< 195%
As = 8]0 L, L] ~215% <8< 5.3%
g =41, 01,] =90.0% <6< 30.3%
Sr= 8 fy, O] —41% <4< 484Y%
Q=80 Ly L] —400% <6< 26%
da=8 -1, 01, -175% <8< 23%
S ==t L 0] -313% <8< 6.4%




Table2; Rejection of the constant disturban

for roll-yaw axes

Case States Uncontrollable made
in resulting system
1 €z, €, none
2 A, ok, none
3 €ry Ay none
4 ey, hy " none
5 €y, h, s=0
6 he, e, s=10

Table 3..

roll-yaw axes

Rejection of the cyclic disturbance torque for

Case States Uncontrollable mode

in resulting system

ce torque

1 &y, € 5 = tjw,
2 Ay, k. none
3 ez, ke 3 = tjw,
4 ery Ay 8 = £2jw,
5 €, Ry 8 = tjw,
6 ke, ey none
Table 4: Stability margin for variations in §.
Variation Lower & upper margin of 4
Type Pitch Roll- Yaw
Ay -09% <6< 82% W% <E<TI%
A, -T%* <65 19% -90% < 6 < 99%
4, -99% <6< 99% -62% < 5 < 56%
&y —22% <5 <% ~TI% < § < 63%
Ay —14% < 6 < 33% —99% < § < 99%
Ly —9% <6<99% -—73% < § < 66%
Ay -51% < 6 < 16%* ~09% < & < 99%
As ~14%° < § < 43%  -62% < 6 < 66%
Ay —T% <6< 0% ~T4% < 6 < 89%
Ao -16%° <8< 31% ~99% < § < 09%
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Table

5: E7 First-order Actuator Data

(all units are radians/sec)

ws,
g
Wipe

1.0
20.0
20.0

200wy
20,0 wy,
20-0 w.,

nuun
I n it

Table 6: E7 Open-Loop Poles

Mach = 0.1, Aliitude = 100 feet, NPR, = 0.25

(radians /sec)
8 = 0.4599
83 = -0.4686
834 = -0.4299 & i0.3840
8 = -1.000
8630 = -20.00

Table 7: Game-Theoretic Closed-Loop Poles

5 = 0.0

F2 = -0.1650

3 = -0.9834

.71 = -10170

&g = .1.0954

s = -1.7413

87 = -1.8997

4,9 = -2.00

830 = -2.0497

a1 = -2.4363

812 = -5.992]1

813 = -06.2625

81418 = -3.3261 £ i5.4482

f1607 = -5.1934 £ i4.9756

81313 = -20.00

&3 = -20.1869

f1,22 = -18.2501 +i12.3112

8324 = -14.8304 + i16.3966

8325 = -25.5644

82697 = -21.8026 £ il17.3338
7T

Figure 1:  Mass-spring system
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An Efficient Solution Procedure for the Thermoelastic
Analysis of Truss Space Structures

D. Givoli and O. Rand
Faculty of Aecrospace Engineering
Technion-Israel Institute of Technology
Haifa 32000, Israel

Abstract

A solution procedure is propesed for the thermal
and thermoelastic analysis of truss space structures
in periodic motion. In this method, the spatial
domain is first discretized using a consistent finite
element formulation, Then the resulting semi-discrete
equations in time are solved analytically by using
Fourier decomposition, Geometrical symmetry is taken
advantage of completely. An algorithm is presented
for the calculation of heat flux distribution. The
method is demonstrated via a numerical example of a
cylindrically shaped space structure,

Introduction

The thermal and structural design and analysis
of large space structures have caught much attention
in the last few ycars. Space structurcs are typically
three dimensional truss-type structurcs  which  are
exposcd to thermal loading in the form of solar
radiation, infra-red planctary radiation and planc-
tary albedo (solar radiation reflected from plancts).
Finding the spatial and temporal variation of the
temperature  field in  the  structure  resulting  from
this radiation -is important for the thermal design.
In addition, the dynamic temperature ficld may also
give rise to the dynamic deformation of the struc-
ture, This deformation is of inicrest duc to the
limitations on the allowed magnitude of the defiec-
tion of instruments and antennas, and due te the
necessity to avoid a resonance,

Works that have dealt with this subject may be
divided roughly into two categorics: thosc which - are
concerned with gencral concepts and  preliminary
design issucs, and those which involve an accurate
analysis of a specific type of model. The former type
of works include Refs, 1-10. Foldes and Diencmann [1]
and Archer [2] discuss the performance requirements
for large multibcam antcnna systems, and the consi-
derations involved in the design of the reflectors
used with these systems. Based on these consider-
ations, Clark and Allen {3] describe the cvolution of
the Hughes HS 376 reflector thcrmal design. Mikulas
et al. [4] describe some design concepts for the
space station truss station, and consider scveral
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approaches regarding the construction of the struc-
ture in space. Nash and Lardner [5) discuss the rela-
tive importance of the various factors influencing
the mechanical response of large space structures.
They censider both truss structures and thin mem-
branes, Anderson and Nimmo [6] propose to use static-
ally determinate trusses for large platforms, and
compare the frequencies of such trusses with those of
redundant ones. Ard [7]) and Hedgepeth and Miller [8]
discuss  structural concepts of large  parabolic
antenna  reflectors  or  solar concentrators, and
cspecially  design concepts  for  deployable reflectors.
Peskett and Gethin [9] consider various aspects of
the thermal design and analysis of a spacecraft,
including the derivation of the thermal loading. They
also perform a case study analysis of an orbiting
structure, Ory ¢t al. [10] consider in detail somce
preliminary  design  aspects for large  orbiting  plat-
forms, and proposc two alicmative  structural
configurations,

References 11-16 belong to the second type of
works, which involve accurate computer analysis.
Thornton ct al. [11] describe an integrated thermal-
structural finite clement formulation with solar rad-
iation, and usc a three member module of an orbiting
truss as a testing model. Thomton and Paul [[2] re-
view the subject of computerized thermal- structural
analysis of large spacc structures, and  use  for
illustration a tetrahedral truss structure as a model
for a microwave radiometer system. Mahancy and
Thornton  [I3] investigate  the effeets  of  self-
shadowing on the thermal-structural behavior of space
structures. Their numerical experiments indicate  that
such ¢ffects are significant, and must be included in

the calculations. Ko [14] deseribes in detail  the
thermal and clastic analyses performed for the space
shuttle  orbiter, including internal  convection  and
radiation cffects. Thermal stresses are found o be
very  schositive  lo variation  in temperature

distribution.

Lutz et al. {15] propose to usc different finite
clement models for the thermal and  structural
analyscs of a frame-type structure. The temperature
field is first determined at selected cross secctions
of somc of thc bcam members, via a two-dimensional



finite element analysis. The forces and moments due
to this temperature distribution are then calculated,
and the global structural response of the structure
is obtained from the finite element model of the
three dimensional frame.

The Proposed Method

Rand and Givoli [16] propose a numerical method
for thermal and elastic problems with periodic
loading, which combines finite element spatial decom-
position and spectral treatment in time. The method
is proposed as a basis for the analysis of large
space structures, although an actual space structure
model was not considered. The solution procedure is
shown to be superior in many cases to standard time-
integration techniques.

Here the method developed in Rand and Givoli
[16] is extended. The extensions have to do with the
exploitation of geometrical symmetry, and with the
development of a general algorithm for computing
"view factors”. These two aspects will be discussed
in more detail in Givoli and Rand [171.

Consider a three-dimensional truss  structure
exposed to a time-periodic incoming heat flux, with a
period of 2m/w. This periodicity may originate, for
example, from the fact that the structure orbits
around the earth or that it rotates around a certain
axis. Each truss member emits radiation to space. The
incident heat flux gives rise to a time-dependent
temperature field, which in turn induces the dynamic
deformation of the structure. In each truss member,
the temperature ficld T is_governed by the nonlinear
equation,

pci’E:a

at 4
; gg[ka_s]-chm, M

whereas the displacement ficld u is governed by the

linear equation,
- oc(‘bTrer]]} .

2
8u _ 8 du
273 {EA [a—s

In the case where the structurc spips, the axjal
component of the centrifugat force pAw“r (where r is
the distance from the axis of spin) is added to the
right hand side of Eq. (2).

The consistent finite clement discretization of
Egs. (1) and (2), leads to the two following systems
of ordinary differential equations in time;

2)
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Thermal: GT() + PT(t) + R(T(Y) = QM

(3

Elastic: Md(t) + Kd(1) = F(1) . 4)

In Eq. (4) the vector T contains the unknown
temperatures at the nodes, and the vector R depends
nonlinearly on it. In Eq. (5) d contains the unknown
displacements at the nodes in the directions x, y and
z. A dot indicates differentiation with respect to
time., In both Egs. (3) and (4) periodic solutions
with period 2r/o are sought,

The system (3) has to be solved fifst for the
temperature vector T(t). Then T(t) is substituted in
the right hand side of Eq. (4), which is solved to
vield the displacement vector d(t). The number of
equations in (3) and the number of equations in (4)
depend on the finite element models chosen for the
thermal and clastic problems, and on the number and
type of boundary conditions imposed. For later
reference, let MT and Md be the number of equations

in (3) and (4), respectively,

The method of solution of Egs. (3) and (4) is
based on the discrete Fourier decomposition of each
time-dependent function in Egs. (3) and (4) into a
finite number of harmonics, N. In other words, if
f(t) is any vector variable appearing in Egs. (3) or

(4), then it is approximately represented by the
finitc Fourier expansion,
N
) =+ z(fcncos ng + f_sin ne). (5)

n=1

Here f, f and f (n=1,..,N) arc real constant
0 <n sn

veetors, and ¢ is nondimensional time or azimuth
angle, p=wt, Expressions such as Eq. (5) aré used for

all the variables in Egs. (3) and (4). The
cocfficients Q , Q and Q , as well as F,F and
0 cn sn ¢ on
Fs, associated with the thermal and clastic load
n

vectors Q and F, are found using a Fast Fourier
Transform (FFT) scheme. ‘Then, from Egs. (3) and (4)
one obtains a system of algebraic cquations for the
unknown coefficient vectors T, T , T , d, d .,
0 cn T 0 on
d . All the
sn
manipulation of the Fourier series representations
(3) arc performed symbolically by the computer code
itself, in the manner cxplained in Rand and Givoli
[i6] and Givoli and Rand [17). Equation (3) yiclds a

calculations  involving  arithmetic



nonlinear algebraic system of MT(2N+1) ¢quations and

unknowns, which is solved via a Newton-Raphson type
iterative procedure, whercas BEq. (4) yields a linear
algebraic system of Md(2N+1) equations and unknowns,

which is solved by standard Gauss elimination.

The comparison of this method to the standard
time-integration of Egs. (3) and (4) using finite
differences in time is discussed in detail in Rand
and Givoli [16]. The proposed method is shown to be
superior in many cases. Another advantage that the
present method has is the ability to incorporate and
exploit structural symmetry in a very simple and
natural manner, as shown next.

Concentrating first on the thermal analysis, we
note that many geometrical configurations of space
structures possess a certain kind of symmetry, which
will be defined as follows. Suppose that the total
set of finite element nodes may be divided into a
number of subsets, each subsct having what may be
termed "delayed equivalence” among its members. This
means that any two nodes i and j belonging to the
same subset have the same temperature with a constant
time delay between them. In other words, if Ti(t) and

Tj(t) are the temperatures of nodes i and j
respectively, then Ti(t)='l‘j(t-tij), where ‘rij is a

constant time delay depending on i and j. In terms of
the azimuth angle ¢, there is a constant phase shift
between the two nodes: Ti(tp)sz((p—A(pij), where Atpij

is the constant difference in phase between nodes i
and j.

It is casy to sec that this type of symmetry may
be exploited in the present method, since phase shift

constants arc simply translated into multiplying
factors in the final system of equations (e.g.
All

sinn((p+A(pij)r-(cosnAtpij)sinn(p+(sinnA(pij)cosn(p)).

the unknowns associated with a certain node can be
expressed in terms of the corresponding unknowns
associated with the representative node of the same
group. Deing this may lead to a significant reduction
in computational cost and in required storage.

A similar technique can be applicd in the
elastic analysis. One should note, howcver, that in
the elastic case the degrees of freedom, not the
nodes, have the phase shift relations between them.
These relations involve vector transformation between
the displacements in the fixed global coordinate
system and the displacements expressed in a local
coordinate system rotating with the structure.
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Whether the space structure rotates around a
certain axis or orbits around the earth, the
orientation of each truss member changes in time with
respect to the direction of the incoming solar heat
flux vector, Yun' Other external sources of heat

flux are earth-emitted and earth-reflected radiation,
but for simplicity only solar radiation will be
considered here. Let qsun=qsunb, where Qg 18 the

magnitude of the solar radiation and b is a fixed
unit vector indicating its direction. If q, denotes

the extemal normal heat flux that member i absorbs,
then generally

40 = o £ B0, ©)

where o is the surface absorptivity, p/A is the
circumference-arca ratio of the cross-section, and P
1

is the so-called view factor associated with member i
{and with the sun).

Typically, there are four types of truss
members: members which are parailel to the axis of
rotation z, members which are vertical to z, diagonal
members and internal members which are never exposed
to solar radiation. The graph of Bi for a "vertical

member” is that of a truncated sine, the one for a
“parallel member" has a step-function character,

. while the graph for a diagonal member lics between

the former two. There is, of course, a phase-angle
shift between the view factors of two truss members
of the same type.

For a farge and complicated space structure, the
calculation of the view factor Bi(t) for each truss

member is best done automatically as a preprocess
before the analysis. The following algerithm performs
this calculation for a general rotating space
structure. It is assumed that the coordinates of the
joints arc given in a fixcd reference Cartesian
system (X,Y.Z), where Z is the axis of rotation, and
that there are a total number of Nlm members in the

truss.

Algorithm for computing view factors for a general
rotating space structure:

(1) Given: the solar radiation vector Gy~ b,

sun
the angular velocity w©, the reference

coordinates of all the joints., Set i=0.



@

E))

“)

&)

(6}

Advance the member number, te—i+l. If i>Ntm

stop.

Determine the reference coordinates of the two
joints of member i: (Xl. Yl, ZI) and (Xz, Yz’

Zz)‘ Determine also whether member i belongs to

an opaque part or (0 a transparent part of the
structure and whether it is external or
internal.

If member i belongs to an opaque part of the
structure and it is internal, set Bi=0, and go

back to step 2.

For j=1,2 calculate:

R =V xj?wj P @

= arctan Y /X
J I

x (1y=R cos(wt+®) ; y (1)=R sin(wt+d) ; z =7,
§ ) i J J § i

Calculate:

0= 60+ 0, y®+y,o, 0

W= 6,0 - x O y,0-y,0, 2, -z)
Al = sz(l)bs - sﬁb2
B() = 83b1 - sl(t)b3
@) = sl(l)b2 - sz(t)b!

n{t) = (-C(t)sz(t) + Bmss'

-A(t)s3 + C(z)sl(t). -B(t)sl(t) + A(t)sz(t))
e(t) = n(t)/ | n(t) | sign[r(t)n(1)]

Aty = be(t)
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() If member i belongs to a transparent part of the
structure, then

B® = |Am] -

Otherwise,

A1) 5 if AD<0
B =
0 i if A(1)>0

(8) Next i (go back to step 2).

The algorithm given above together with Eq. (6)
determines the function qi(t), ie. the external

thermal loading on each truss member. This function
is incorporated in an FFT routine for the calculation
of the Fourier coefficients QO, an and an. for

n=1,..,N, as mentioned before.

For a more detailed analysis, see Givoli and
Rand [17].

Numerical Example

One model used to demonstrate the performance of
the numerical method is that of a cylindrically
shaped space structure made of a composite graphite-
epoxy material and spinning around its axis. The
structure is shown in Fig. 1. The two ends of the
cylinder are assumed to be fixed to rigid bases, so
that they are constrained to rotate without deform-
ation. The thermal and m%chaniga(l’ properties  of
§raphitc—cpoxy_%re: pc3=167(::-1-10 Jim™ K, k=10.1 W/m
K, CR=9.1-10 W/m™ K, as=0.92. pA=51.3 kg/m,

EA=141.10° N, @=7.3-10" 1F°K. Other parameters are

q=1300 W/m", T =299°K, and p/A=20 m". The

cylinder is of length 6m and radius 1.4m. Bach truss
member is represented by one finite element with
linear shape functions.

The thermal analysis is  considered  first.
Although the structure contains 50 joints, the tem-
peratures at only three of them are independent
unknowns, since the rest of the nodes are cquivalent
to onc of these threc in the sense of a “delayed
equivalence™. In the present model, nodes 1, 2 and 3
in Fig. 1 were chosen as representative nodes.

The structure is assumed to be covered with an
opaque material, so self-shadowing effects_are pre-
sent. The angular speed is set to w=10" rad/sec,
namely the structurc rotates very slowly. In Fig. 2



the solution at the three representative nodes is
shown, The temperature in the unshaded region is
400°K, whereas it reaches a minimum value of about
100°K in the shaded region. Thus, with an angular
velocity of @=10" rad/sec the temperature is under-
going large variations in time and in the spatial
circumferential direction. On the other hand, it is
clear that the variation of temperature along the
axial direction z (which manifests itself in the
difference between the temperatures at nodes 1, 2 and
3) is small.

The thermal analysis is now repeated with higher
and lower values of @. It tuns out that the tempera-
ture distribution of Fig. 2 remains unchanged when ®
is decreased, and in fact the same solution is pract-
ically obtained for the quasi-steady state w=0. O
the other hand, increasing @ above the value of 10
rad/sec makes the variations in the temperature field
smaller. This can be seen in Fig. 3 where the solu;
tions corresponding to angular _speeds of =10
rad/sec, @=10" rad/sec and w=10" radfsec are shown.
For the case w=I0" the temperature is almost con-
stant (330°K). This can be regarded as the "fully-
dynamic" state; the structure spins so fast that no
significant temperature differences develop between
the shaded and unshaded regions.

Now we turn to the thermoelastic analysis of the
structure, based on the temperature ficld just found,
The delayed-equivalence symmetry is exploited here as
well. In fact there are only 225 unknowns out of the
2250 unknowns that one would have if symmetry was not
taken advantage of. This obviously lcads to great
saving in  computational effort and  storage
requirements,

We consider the case where the structure is
opaque, and rotating with ®=10" rad/sec. Figure 4
shows the deformed mesh at time t=0 (which is ident-
ical to the deformation at times t=2n/w, t=4n/w,
etc,, due to the periodicity of motion). The dis-
placements are magnified by a factor of 200. The
self-shadowing effect is apparent in the figure: the
part of the structure exposed to solar radiation at
time t=0 expands much more than the shaded part of
the structure, which gives rise to the unsymmetrical
deformation observed,

For additional numerical examples see Givoli and
Rand [17].

Acknowledgements

This work was supported in part by the L. Kraus
Research V.P.R. Fund.

10.

49

References

Foldes, P, and Dienemann, M.W., "Large Multibeam
Antennas for Space", J. Spacecraft and Rockets,
17, 1980, pp. 363-371.

Archer, J.S.,, "High Performance Parabolic
Antenna Reflectors”, J. Spacecraft and Rockets,
17, 1980, pp. 20-26.

Clark, S.C. and Allen, G.E., "Thermo-Mechanical
Design and Analysis System for the Hughes 76-in.
Parabolic Antenna Reflector”, Spacecraft Thermal
Control, Design and Operation, HE. Collicott
and P.E. Bauer, eds., AIAA publication, N.Y,,
1983,

Mikulas, M.M,, Croomes, S.D., Schneider, W.,
Bush, H.G., Nagy, K., Pelischek, T., Lake, M.S.
and Woesselski, C., "Space Station Truss
Structures and  Censtruction  Considerations”,
NASA Technical Report 86338, NASA Langley
Research Center, Hampton, 1985.

Nash, W.A. and Lardner, T.J., "Parametric
Investigation of  Factors  Influencing  the
Mechanical Behavior of Large Space Structures”,
AFOSR Report No. TR-86-0858, 1985.

Anderson, M.S., and Nimmo, N.A., "Determinate
Space-Truss Platforms”, 26th Structures,
Structural Dynamics and Materials Conf,, Part 2,
AlAA Publication, N.Y., 1985, pp. 723-728.

Ard, KE., "Design and Technology Study for
Extreme Precision Antenna  Structures”, NASA
Contractor Report CR-174861, NASA Lewis Res.
Center, Cleveland, 1985,

Hedgepeth, JM. and Miller, RXK., "Structural
Concepts for Large Solar Concentrators”, Acta
Astro., 17, 1988, pp. 79-89.

Peskett, S.C. and Gethin, DT, “Thermal
Analysis of Spacceraft”, Numerical Methods in
Thermal Problems, eds. RW. Lewis & K. Morgan,
Vol. VI, Part 1, Pincridge Press, 1989, pp.
713-729.

Ory, H., Menking, M., Homung, E. and Erben, E.,
"Development  of Large Orbital  Structure
Systems", 40th Congress of the IAF, Paper No.
1AF-89-340, Beijing, China, 1989.



11.

12,

13.

14,

15.

16.

17.

Thomton, E.A., Dechaumphai, P. and Wieting,
AR. ‘Integrated Finite Element Thermal-
Stuctural  Analysis  with  Radiation Heat
Transfer”, 23rd Structures, Structural Dynamics
and Materials Conf.,, Part 1, AIAA Publication,
1982, pp. 188-196.

Thomton, E.A. and Paul, D.B. "Thermal-
Structural Analysis of Large Space Structures:
An Assessment of Recent Advances", J. Spacecraft
and Rockets, 22, 1985, pp. 385-393,

Mahaney, J. and Thomton, E.A., "Self-Shadowing
Effects on the Thermal-Structural Response of
Orbiting Trusses”, J. Spacecraft and Rockets,
24, 1987, pp. 342-348.

Ko, W.L., "Solution Accuracies of Finite Element
Reentry Heat Transfer and Thermal Stress
Analysis of Space Shuttle Orbiter”, Int. J. Num.
Meth. Engrg., 25, 1988, pp. 517-543.

Lutz, JD.,, Allen, DH. and Haisler, W.E,,
"Finite-Element Model for the Thermoelastic
Analysis of Large Composite Space Structures",
J. Spacecraft, 24, 1987, pp. 430-436.

Rand, O. and Givoli, D, "A Finite Element
Spectral Method With Application to the Thermo-
clastic Analysis of Space Structures”, Int. J.
Num. Meth. Engrg., 30, pp. 291-306, 1990,

Givoli, D. and Rand, O., "Thermoelastic Analysis
of Space Structures in Periodic Motion", 1o
appear in AIAA J. Spacecraft and Rockets.

Y
X
26 21 16 11 & |
Z
722 17 12 7 ]2
823 18 13 813
9/24 19 14 9 |4
3Q/25 20 15 1o15
Fig. 1. The cylindrically shaped truss model. Each
truss member is represented by a single
finite element,
400
w
]
300
w
a
o
~ 200
<
[0 4
w
= ——--NODE 2,3
bl
- 0 L I L L |
O 90 i80 270 360

Fig.

AZIMUTH ANGLE (DEG.)

the three
cylindrical

2. The temperature variation at
representative  nodes  of  the
structure, with @=10" rad/sec.



TEMPERATURE (°K)

400

300

200

100

Fig. 3.

Fig. 4.

- w=10"%rod /sec — —

w=10"% rad/sec —
w=10"%rad/sec —
1 | 1 |

80 180 270 360
AZIMUTH ANGLE (DEG.)

L . -3
The temperature variation wnlsl w=10
rad/sec, @=10 radfsec and w=10" rad/sec.
X
26 21 18 " 6 |
7
2 22 17 12 2 \7
28
23 18 3y/i2 8
29 \‘
24 s (o la s
Aol 25 20 5 10/ |5

The deformed cylindrical structure at time
=0, with the displacements magnificd by a
factor of 200.

51



PASSIVE DAMPING AUGMENTATION OF FLEXIBLE BEAM-LIKE LATTICE
TRUSSES FOR LARGE SPACE STRUCTURES

K.Cohen and Assoc.

Prof.

T.Weller

Faculty of Aerospace Engineering
Technion - Israel Institute of Technology
Israel

Haifa 32000,

Abstract

A Timoshenko
model is
transient
latticed

beam continuum
developed to determine the
regponse of a beam-like
large apace structure,
subjected to a unit impulse. It is
demonstrated that an increase in
diagonal stiffness, on account of the
stiffness of the vertical girder,
leads to a rise in the transverse
shear rigidity. This results in
higher natural frequencies and
reduction in peak displacement. In
addition, in an asymmetrical truss
configuration c¢oupling between the
extensional and shear modes raises
the maximum peak displacement
compared to that obtained for a
sBymmetric truss. The model is
modified to investigate the
introduction of passive damping in
the form of several dvnamic vibration
absorbers. For simple, vet efficient
analysis, a unique abscrber parameter
optimization procedure, based on the
classical steady-state criteria, is
used to tune the absorbers, having a
total allocated mass budget of 10%,
to the first two frequencies of the
latticed structure.Jt is found that
inclusion of transverse shear
rigidity. as a design parameter in
damping augmentation studies, reduces
settling time for predetermined
maximum peak displacements.

1. Introduction

Future ventures into cuter space
include concepts 1like large space
stations, high resolution radars and
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communication
observatories, solar power stations
and space defence platforms.
Qualifying as large space structures,
L.5.5.. these facilities, besides,
having a large number of high
density, low frequency structural
modes, also require design for a very
low gravitational anvironment,
L.5.5. are in general comprised of
repetitive latticed trusseg. span
large areas with few intermediate
supports, are light weighted and
flexible. Since dynamic testing of
these structures in a 1-g environment
is very complicated and dubious to a
certain extent, sound analytical
modeling of the structural dyvnamics
preblem, though being a tedious task,
is of crucial importance.

antennas, astronomical

L.5.5.
tracking,
sight and

need
slewing.

to meet target
stringent line-of-
jitter contrel, pointing
accuracies and microgravity
acceleration requirements. However,
on being disturbed, the structure is
likely to remain excited for some
time because of its high structural
modal density at low frequency modes
and possibly s=mall damping. It is
vital., therefore. to introduce means
for passive energy dissipating,
active counteracting or their
combinatien to restrain the response
of a given structure within an
“inmission displacement-time
allowables envelope"” using vibration
control methads.

In passive control, vibrational
energy may be dissipated by employing



passive methods using viscoelastic
materials that cause material damping
at joints, or as additive lavers.
Tuned mass dampers and
impact/friction forces manifesting at
structural jeints are other efficient
sources of passive energy
dissipation. These methods prove to
be relatively cheap, simple, reliable
and inherently stable. Active
vibration suppression techniques for
damping augmentation comprise of
sensors and actuatorz that counteract
the effects of the applied loads and
disturbances, using external power
sources. Experience has proved that
the application of passive damping
technology to a finite bandwidth
actively controlled structure
providee essential stabilization and
. enhances performance by reducing the
burden on the active systems.

L.3.5., like those intended for
the Space Station are asymmetric and
therefore the effects of bending,
shear, torsion and longitudinal
motion are coupled. At present, there
is little information on the
advantages, trade-offs and
limitations of the=ze couplings in the
vibration suppression of large space
structures.

Following
literature survey
the problen
vibrational
flexible,

the detailed
conducted in [1],
of undesirable
energy, in large,
beam-like repetitive
lattices of non-symmetric geometry
space structures, 1Is minimized by
augmenting disgipation, using
passive means in the form of dynamic

vibration absorbers. Whereas recent
efforts concentrated on using tuned
mass dampers for vibration
suppresgsion of L.5.5. with models

possessing a number of discrete (non-
continuous) degrees-of-freedom [21],
or in gygtems having symmetric
configurations (3], the present study
treats a continuous, 20-bay, latticed
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beam-like structure and examines the
effects of asymmetry and resident
transverse-shear on the structural
dynamic problem. Later, a unique
procedure, for obtaining optimal
tuning and damping parameters of
several absorbers, is applied to a
cantilevered truss in order to
minimize the settling time of the
transient, transverse-displacement
response.

2. Equations of Motion

A two-dimensional version of the

orthogonal tetrahedral configuration
(non-symmetric) is considered
(Fig.1). These trusses are primary

candidates for the Space Station [4].
For a lattice shown in Fig. 1, the
smallest possible repeating cell,
which may be isolated from the grid,
axtends over one bay of the original
structure (Fig. 2). The equivalent
continuum beam properties, stiffness
coefficients and density parameters,
for the plane-strain case, are
computed by performing the static
tests described in [5].This results
in the following relations:

N Cia O Cim €%X
M = 0 Caz= 0 k*y (1)
Q@ Cim O Cum | 2€°xy

4

where N, M, and Q are the extensional

force, the bending moment and the
transverse shear force respectively
(Fig.3) and:
[C1s] - stiffness matrix of the con-
tinuum beam element (Fig. 3).
€y -~ extensional strain.
k°y - curvature change of the beam.
€°%y - transverse shear strain.
Cy= - coupling between the ex-

tensional and transverse
shear stiffnesses.



whereas, the matrix of material
densities is given as:
ml)( 0 0
[m] = 4] Mex Q (2)
0 0 MNeas

During this study, the lattice
geometry, structural mass ([(mij)] and

transverse bending rigidity are
fixed. i.e. the HRuler-Bernouli model
remains identical!! The stiffness

properties Cia, Ci=, and Ca=s are
varied using the following non-
dimensional geometric coefficient:

B = 2*Ad (3)
Ag
where Ad and Ag are the c¢ross-
sectional areas of the diagonal and
vertical members of the truss
depicted in Fig. 2.

The static
[5] assume small

tests described in
displacements to

obtain the values of the matrix
[Cii*] (where ([Cijil~*=[Cij*]). The
validity of this assumption for a

wide range of the coefficient g3
should not be taken for granted. For
this purpose, the equivalent bean
properties, Cam™ and Caa™,
corresponding to the plain-strain
cage are computed, using the COSMOS/M
finite element program {6), for both
non-linear (large displacements) and

linear (small displacements)
responses induced by a static shear
force. Since the present study
restricts itself to linear analysis

only, it is imperative to be aware of
the range of (3 wherein beam behavior
is linear.

The effect of the coupling
factor, Cims., 1is evaluated for the
repeating cell depicted in Fig. 4 for
which
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Adl + Ad2 = Ad (&)

where Adl and Ad2 are the cross-

sectional areas of the diageonal
members of the truss (Fig. 4). For
simplicity . the following non-
dimensional geometric coefficient is
defined:
3= = Ad1 (5)
AdZ

By varying values of Adl and Ad2 in
Egn. 4, i.e, (3™, the structural
dynamics problem of the svmmetrical
L.5.3. (B*=1) is compared to that of
the asymmetric configuration (where
in the extreme case (3*=20).

Assuming a Timoshenko beam, the
equations of moticn, representing an
anisctropic continuum model of a two-
dimensional latticed structure, are
developed. This results in a set of
three c¢oupled partial differential
equations with the displacement
variables u{x.t). wi{x.t), @(x,t).

Czz 020 + Cix Bu o+ Cam DW

dxF Bx Bx
- Mae 520 = Cax® (6)
BL=

Citn DU + Caz B2 - Cam 2O
Bx= ox= Bx

— Muw B2B = 0 (7}
Tat=

Cai= \g*_“g + U bi{g{ - Cx= @Q
vx= ox= Bx

- Mzx D2 = O (8)
Br=

The natural freguencies and mode
shapes of the wvibrating anisotropic
beam are obtained numerically,for



various values of 3 and B™*, using a
spreadsheet, by solving the
eigenvalue problem which is comprised

of a 6%6 determinantal frequency
equation. The above procedure was
verified in {1] by comparing values

obtained using LOTUS 1-2-3, to those
computed using the COSMOS/M finite
element program [6], as well as, to
thoge displaved in (5].

Transient disturbances, modeled
as initial conditions and correspond
to a unit impulse, may simulate
shuttle docking or crew motion [2]. A
linear dynamic analysis of the truss,
based on the normal mode method,
evaluatee the response at time "t" by
integrating the uncoupled equations
of motion from time "zero" to time
"t". The size of the time-step
increment which is a key factor in
the accuracy of the results, and the
total number of modes included in the
analysis obviously affect the
accuracy However, this improvement
is at the cost of complexitly and
solution time. Therefore, the value
of time-step and number of modes
required need te be sgelected in
compliance with the adequecy of the
solution.

Finally, "i" dynamic vibration
absorbersare attached to the beam-
like structure at a distance a, from
the origin (Fig.5). The addition of
the absorbers affect Egn. {8) in the
following manner:

Cam );f_l_l_ + Comm ‘éﬂ - Cun
x= Bx=

n
- 2 tci{ dgs - Duwia,,t) > +
i=3 dt t

ki{g.-wia., .t)zl S{x-a,)

e
Bx

- Mes 324 = 0 (9}

bt=®
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‘tuned mass

where &(x-a;)
function for i
¢ are the

is the
=1,..n

Dirac delta
whereas k, and
stiffness and damping
constants of the ith absorber
respectively. Furthermore, the
displacement of the ith absorber in
the z direction is denoted by the
variable 9,. Then, the equation of
motion of any absorber is given as:

meod2gi(t) + oo dasit) - dula,,t)
dt? dt t
+ klEl(t) - W(Hl.t)] = 0 (10}
Following the results of [2].
the total mass of the absorbers are
kept at 10% of the structural mass of
the beam. In addition, for a 2-DOF
system, the optimal tuning ratioe, is
identical to that of the steady-
state, 5.8., minimized solution [7].

The ratioc of the frequency of the ith
damper to the ith natural
To, is obtained by
first two peaks of the

frequency,
equating the

5.5. response as follows:
To, = i _ {11)
1 + W 2{1)
where To, iz referred to as the

"tuning ratio” and pi is the ratio of
absorber mass to the structural mass
of the latticed beam-like structure.
The value of w,(1l) is obtained from
the characteristic function
representing the respective mode of
an Euler-Bernouli cantilever beam
[7)]. The application of Eqn. 11 to
tune an absorber attached to a truss,
was found to be simple, time-saving
and efficient [1].

Damping. is introduced into the
system in the form of concentrated
dampers, placed at a point of maximum
modal displacement of the truss and
the absorber masses. The dampers are

modeled, using the COSMOS/M finite



element program [&1, in such a manner
that their inclusion does not affect
the frequency sclution of the lattice
with undamped absorbers. The etffect
of the dampers tirrespective of the
fact that damping may be non-
Froportional) are considered in the
modal analysis by applving assumed
external forces on  the combined
‘beam’ -undamped absorbers
configuration. The product of the
relative nodal velocities. between
the point of abscrber attachment and
the mass of the undamped absorber.
with the defined damping coefficient
of the abgorber, c, is equated to the
above assumed external force.This
numerical process is continued by
performing iterations at each time
step of the selution until
convergence is reached. This occurs
when the assumed force vields nearly
the same damper force obtained from
the response of the system.

The method of obtaining the
optimal tuning and damping parameters
of several absorbers, attached to a
vibrating truss, is presented in Fig.
6. The criteria for selecting the
above parameters is the requirement
for the minimal settling time reached
for a predetermined valuye of the
maximum absolute peak displacement,

3. Results

The repeating cell of the
lattice.which is a 2-p version of the

orthogonal tetrahedral lattice, Fig.

2, is defined by the following

parameters:

Le = 7.5m

Lg = 5m

Ac = B0 X 10-epy?

Ad = 40 X 10-*m?

Ag = B0 X 10-*pn?

g = 2768 kg/m™ (density of all truss
members )

E = 71.7 X 10®"N/m? {Young's modulus

of all truss members)
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In order to arrive at the values
of the matrix [Cii*]. the assumption
of linearity in truss deflection is
to be justified. The equivalent
continuum beam properties, C,a™ and
C=a'™., corresponding to the plane-
8train case, were computed using the
COBMUS/M finite element program (6],
Te evaluate the non-linear effects,
the ratios of the coefficients C,=*
over Cax™ vielded for the linear and
nen-linear analvsis are compared in
Table 1, aAs 3 increases, the ratio,
Cu;*llinear)/Ckm*{nonhlinear). for
k=1:3, obtains a maximum for B=3,00.
Since, the present work restricts
itself to linear analvsis only, the
values of B in the following
discussions are varied within an
"envelope" wherein the above ratio,
presented in Table 1, is
approximately equal to unity, i.e.
for 1.33¢ B «3.00. This property of
non-llnearity is attributed to
unaccounted transverse shear
deformation and extensional-shear
coupling which restrict continuum
modeling presented in [5%1, to
geometrically linear truss
Btructures,

In Table 2 the elgenfrequencies
are compared with those of [5}, wheo
uses a higher order Timoshenko beam
finite element analysis which takes

into account coupling among the three

basic deformations u, w and @, The
first four modes vielded bv an
equivalent Euler-Bernouli beam were

also included and it ig apparent that
the discrepancy between them and the
ones corresponding to the Timoshenko
beam justifies the efforts to use the
Timoshenko beam model . For
comparison, the original truss
structure was modeled and computed by
the COSMOS/M finite element program
[6). It should be noted that mode 5
is a longitudinal mode. Comparisons
in Table 2 verify the continuum type
model wused for the analysis of
anisotropic beam-like lattice
trusses.



No. 3 Com™{(LIN} /Cam™{NON-LIN) Cuas™(LIN) /Cax™ (NON=-LIN}

1. 0.04 0.0151 0.8371

2. 0.4l 0.7277 0.9785

3. 1.33 0.8955 0.9859

4. 1.78 0.9085 0.49858

5. 3.00 0.9183 0.9842

&, 23.30 0.7718 0.9475

Table 1: Cus"(LINEAR) /Cu=™(NON-LINEAR) for various values of B3;
k=1,3.
MODE| SUN'S FEM| SUN'S TIM-| COSMOS/M[{CONTINUUM MODEL| EULER-
[5] OSHENKQ[S1 [6] LOTUS 1-2-3[1)]| BERNQULI

1 1.5626 1.576 1.5626 1.572 1.593

2 9.1179 2. 206 9.1179 9.173 9,982

3 23.222 23,460 23,2222 23.340 27.954

4 40,289 40.767 40.2888 40,472 54,779

5 43.357 43,740 43,3573 43.541 —-———

Table 2: Natural frequencies of asymmetric truss (rad/sec}

[E! Agl[107*m?]| AA(107*m2]}|. Cz2[10®N]| Cam{10*N]| Cm={i0®N]
1.33 60.0 40.0 12,955 0.989 0,659
1.61 53.8 43.4 13.047 1.050 0.700
1.78 50.8 45.1 13.090 1.078 0.718
2.09 45.8 47.8 13.148 1.117 0.745
2.40 41.8 50.1 13.190 1.145 0.763
3.00 35.6 53.4 13.228 1.171 0.780

Table 3: The effect of B on matrix [Cij)
Symmetric (B*=1.0) Non-symmetric (3*=0.67)

Time(s) wim) ui{m) Time(s) wim) uim)

0.85% 0.0844 0.0028 0.85 0.0844 0.0028
3.13 -0.0830 -0.0031 3.12 -0.,0830 -0.,002¢%
4. 86 0.0837 0.0030 4.85 0,0835 0.0030
7.33 -0.0798 -0.0032 7.32 ~0.0808 -0.0032
9.05 0.0888 0.0034 9.03 0.08%2 0.0034
10.77 ~0.0819 -0.0034 1¢.75 -0,0818 -0.0032
13.04 0.0838 0.0024 13.06 0.0852 0.0029
14.95 -0.0743 -0.0019 14.92 -0.0783 -0.0026
Table 4: Peak impulse longitudinal and transverse response
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The matrix
different wvalues
in Table 3. It should be noted that
the bending stiffness, Czz, iz
constant (and therefore not given in
the Table 3), while the variations in
the axial stiffness, Cs:a, are slight
when compared to those in Cim and
Cs=. It is apparent from Table 3 that
the values of Cia and Ca= increagse
with increasing 3 values, resulting
in a stiffer structure. Consequently,
the resulting natural frequencies,
increagse with @ (which in fact
represent® an increase in diagonal
stiffness ,on account of the
stiffness of the vertical girder) for
a constant structural mass. As a
result of this phenomencn the
fundamental frequency for B=3.0 is
1.5708 rad/sec az compared with
1.5626 rad/sec for B=1.33. Thus, an
increase in diagonal stiffness, on
account of the stiffness of the
vertical girder, leads to a rise in
the shear coefficients, C.= and Cax.

[Cii]),
of 3,

computed for
is presented

In an asymmetrical truss,
coupling between the extensional and
shear modes lowers the value of
equivalent shear rigidity as compared
te¢ a symmetric truss, thus lowering
the natural frequencies. It is
evident from Fig. 7 that coupling
between the longitudinal and shear
modes is at its highest for the
asymmetric truss where 3*=0. On the
ather hand in the symmetric case all
the C,, matrix coefficients of the 2-

D structure are uncoupled. In
addition the shear coefficient, Ca=.
is higher for 3*=1 than those
corresponding to non-symmetric
configurations, f3™«¢}.

Following (1], it was verified
that for the linear dynamic analysis
of the 20~-bay truss structure,

depicted in Fig. 1, the selection of
an appropriate time-step (used in the
integration of the uncoupled

equations of motion), 0.1 sec, and
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the number of modes required before
truncation, 5, is adequate.

Trangient
symmetric

responses for the
and agvmmetric
configuration of B=1.33 are given in
Fig. 8 and a comparison is made with
the asymmetric truss having B=3.¢.
The peak displacement response,
measured at the free end of the
cantilever, for the asymmetric trussg,
B=3.0. is found to be the lowest of
the three. Calculations show that for
3=1.33 the area under the
displacement-time curve of the
symmetric lattice ig slightly smaller
than that of the asymmetric one.

For f(=1.33, a unit impulse
applied on a symmetric truss, @#™=1.0,

a8 well as a non-symmetric truss,
B*=0.67, leads to extensional
deflections, u(t), of an order of 5%

of the transverse deflections,
i.e. wit)/wit) ¢« 0.05. It can be seen
from Table 4 that the inclusion of
coupling between the transverse shear

wity,

and the longitudinal extension,
reflected by the coefficient Cim,
does not contribute additional

damping of any kind to the structure,

Cne Absorber oOnly

Classical steady-state criteria
{7]. is used to tune the absorber
thaving an allocated mass budget of
10%) to the fundamental frequency of
the Euler-Bernouli beam. The
normalized impulse response envelopes
for various damping ratiocs for B=1.33
and 2.0 are given in Figs. 8 and o |
respectively. In both cases the
damper value which minimizes settling
time 1is reached for 80=0.5, The
settling time for achieving 5% of the

maximum peak displacement, for the
asymmetric truss (of [5]), 3=1.33,
was 21 sec, whereas for (3=3.00, the

settling time was a mere 13 sec.It is



worthwhile noting 1in

value of & in the neighborhood
almost does not affect

Figs. 8 and ¢
that a considerable change in the

of 8o
the response

of the system. As the value of & is

increased, a reduction

in absorber

performance takes place as a result
force which

of a high damper
restrains relative movement

absorber mass.

Two Abscorbers

of the

The most efficient way to apply

absorbers is by tuning

them only to

the modes that make a significant
the transient
Table 5 depicts
the effects of the respective modes,
on the absolute peak displacement
clarity, these
effects are presented in
where R 1= the
ratic of the area, under the absolute
peak displacement-time curve, using

contribution to
responsge. For [3=3.0,

regponse curve. For

dimensional form, Rw.

the first k  modes
obtained using the

first

te the

non-

area
15 modes.

From Table S5, the main contributors

are found to be the first
Therefore, two absorbers,

two modes.
with

a

total mass equalling 10% of the mass

of the truss, attached

end of the cantilevered truss,
be tuned to the first two modes.
No. of modes R
Oone 0.8%0
Two 0.985
Three 0.999
Four 1.003
Six 1.001
Seven 0.987
Eight 0.998
Nine 0.999
Fifteen 1.000

Table 5: Contribution

of modes to

Transient response.

Using the method outlined
of 0.1, 0.09,

Fig, & with wvalues

at the free
will

in

0.08, 0.07 and 0.055 for mass ratios

of the absorber tuned to
furidamental frequency, ul,

minimum settling time to reach 0.6%
of the maximum undamped absolute peak
displacement is reached. From Fig.
11, it can be =seen that the above

minimal settling time ,19 sec.,

obtained for pi1=0.07 and wu2=0.03. The
curves in Flg. 11, being magnified,
commence after the first 10 seconds
and they (the curves) also justify
the additional absorber tuned to the
second frequency. As the value of u2

exceeds approximately 0.03,

efficiency of the dual absorber

system falls,.

As an example , Sesak et al.
{2), apply two absorbers to suppress
the vibration of the pitch rotation
{payload pointing response example).
The Uncoupled Dynamic Optimization
(U.D.0.}) method, which vielded the
best results, computes the spring and
damper constants for each absorber,
using the tuning 1laws of a 2-DOF
system, assuming no spatial coupling
{coupling, whereby the location of an
absorber at the maxima of one mode

also affects the other mode).

The U.D.O. 1is applied to a 20-
bay truss (B=3.0, wMn1=0.07 and uz
=0.03) and the response thus obtained
is compared with that reached using
the solution presented in Fig. 6,
Coupled Dynamic Optimization (C.D.O.)

method. Table & highlights

differences and the similarities of

the two methods described above,

Parameters u.np.o cC.D.O.
Ta 0.7813 0.7813
Ta 0.8929 0.8929
Ki [N/m] 10.797 9.721
R= [N/m] 211.66 211.66
S5a 0.5%0 0.38
&= 0.75 .75

Table 6: absorber parameters.
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Freq. Natural Absorber 1 |Absorber 2 u.n.0, C.D.O,

No. of| Frequency only only method method

Truss (Truss only| p.=0.07 Mz=0.03

aAbs. 1 - 1.0651 - 1.0539 1.0202
1 1.5708 1.7952 1.4826 1.7133 1.6799

Abs .2 - - 7.6798 7.6825 7.6823
2 9.2466 99,2672 10.4226 10,4397 10.4380
3 23.7929 23.7999 23,9546 23.9620 23.9613
4 41.3662 41.3687 41.4161 41.4185 41,4183
s 43.8344 43,8356 43.85%94 43.8606 43,8606

Table 7: Natural frequencies (rad/sec) obtained during the
comparison of absorber optimization methods .

be seen
Fig. 6
19

From Fig. 12, it can
that the method provided in
offers a quicker settling time,
seconds, when compared to that
obtained using the U.D.0 method, 30
seconds. The cause of this difference
lies in the calculation of the
stiffness of absorber 1, tuned to the
fundamental frequency, k1. Whereas ki
is given by:

kl = Ta2mafR,? (12)
the tuning ratios are basically a
function of the absorber mass ratio

alone., Using Fig. 6.
uged in Eqn.12, is the fundamental
frequency of the combined system
consisting of the truss and absorber
2, tuned to the second natural
frequency of the truss. From Table 7,
it is evident that the introduction
of absorber 2 alone, to the truss,
affects the value of the first
natural frequency significantly
whereas the addition of absorber 1
alone has hardly any affect on the
values of the higher frequencies.
Therefore, tuning of absorber 1 to
1.4826 rad/sec gives better results
due to the appreciable amount of
spatial coupling, caused by the
location of both absorbers at the
maxima of the first two modes (free
end of the absorber)}.

the value of ..
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Conclusions and Recommendations

An analytical Timoshenko beam-

like model of a 2-D truss was
developed to determine the transient
response of a beam-like latticed
structure to a unit impulse
excitation. The shearing coefficients
of the continuum model, Cis and Caa.
were found to be useful design
parameters = that affect the damping

augmentation of the L.S5.S.
The model was modified to investigate

the addition of passive damping in
the form of dynamic vibration
absorbers. For a given mass
distribution, the C.D.O. method
presaented in Fig.6, utilizes the
effects of spatial coupling to
provide a simple, time-saving and
efficient means of determining the
stiffness and damping constants of

the absorbers.

The  analytical model presented
could be further developed to analyze
3-D beam-like and plate-like latticed
structures. which include coupling
between the bending, transverse
shear, twisting and extensional
modes. Design procedures concerning
the geometric configurations of
flexible large spacaé structures,
reflected by the parameter (3, could
be investigated in a non-linear



analysis to provide internal damping

mechanisms that would lower the
burden on specialized means of
damping augmentation, The passive

damping mechanisms, discussed in this
work, may be introduced into a finite

bandwidth, actively controlled
structure using a multi-disciplinary
approach.
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Fig. 6: The Coupled Dynamic
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PREDICTION OF PROPELLANT BEHAVIOR IN SPINNING
FLOW OF A SPACE MOTOR

A. Gany, Y. Levy and Y.M. Timnat
Faculty of Aerospace Engineering and Space Research Institute
Technion - Isracl Institute of Technology
Haifa 32000, Isracl.

Extended Abstract

A model for the two phase flow dynamics in
spinning spherical motors was developed in connection
with the Ofeq program. The model is based on the
sectional approach to solve the two-phase flow
equations . The distribution and trajectories of
aluminum/alumina  particles  resulting  from  the
combustion within high energy solid propellant space
motors have significant impact on the motor
characteristics, since particles remaining inside the
combustor degrade the overall performance. In order
to examine the model predictions, an experimental
simulation was built. Measurements are based on laser
Doppler anemometry (incorporating the pedestal
amplitude technique) yiclding data on the velocity
and size distribution of paraffin droplets injected.
These include small size droplets (below 5
micrometers), that move with the gas velocity, and
larger size droplets (20 micrometers average),
injected by a rotational spray system which simulate
the aluminum oxide particles.

The test chamber is formed by two cylindrical
pyrex tubes with a sudden contraction in diameter,
which is rotated at various speeds by a frequency
controllable motor. The optical system is mounted on
a moving X-Z table allowing sectional measurements of
the three velocity components and the size-velocity
corrclations. An illustration of the test system is
shown in Fig. 1. The signal is recorded by a
photomultiplier, connected to an electronic system,
which allows to perform simultancous measurements of
velocity and size. The results are obtained by means
of a specially developed data acquisition code. The
optical system is based on a 5W argon jon laser, uses
a beam-splitter and a frequency-shifter and focuses
the scattered light resulting from the measuring
volume onto the aperture of a photomultiplier. The
electronics include a validation criterion, which
ensures that the pedestal amplide associated with a
measured Doppler frequency belongs to the same
particle.

The data obtained till now are preliminary in
nature; they comprise the axial velocity of the gas
{both its distribution on the axis of symmetry and
the behavior in a radial cross-section above the

sudden contraction - Figs. 23) as well as a
wwo-phase flow test case, which presents the relation
between the axial velocity and the size of the
droplets. These results were obtained without
rotation of the apparatus, Measurements performed
when the simulated combustor rotated, show that the
effect on the axial velocity is negligible, while the
tangential  velocity approximately corresponds to
solid body rotation (Fig. 4).
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ENHANCED ORBITAL GYROCOMPASSING BY THE OPTICAL FLOW
SENSED BY AN EARTH-POINTING CAMERA

Leora Topaz and Arthur J, Grunwald
Faculty of Aerospace Engineering
Technion, Haifa 32000, ISRAEL

Abstract

A novel method for improving the orbital
gyrocompassing process involving the attitude angle
estimation of an earth pointing satellite in
low-carth orbit is described. This estimation process
usually employs a discrete, variable-gain Kalman
Filter scheme, processing the measurements of roll,
pich and yaw rate gyros, a horizon sensor and
sometimes a sun sensor. The improved method uses an
electro-optical sensor for enhancing the process by
direct measurement of the satellite azimuth angle.
Simulations have shown that this  additional
measurement  drastically  reduces  the
convergence time, in prticular when the sun-sensor is
ineffective, ie. at high sun elevation angles. The
azimuth sensing method is based on estimating the
image shift between successive picture frames of an
on board CCD full-matrix camera, pointing towards the
carth. The shift estimation algorithm, is based on
minimizing a cost function, expressing mean-squared
differences in brightness patterns of certain areas
of the two frames. An extensive experimental
evaluation program has been carried out, using a
computer-controlled two-axis light table with actual
satellite images, a CCD camera and a digital computer
for the on-line implementation of the algorithm. The
robustness and accuracy characteristics of the method
were  investi- gated with regard w0 relevant
parameters such as: image texture content, camera
focal length, sampling rate and the number of pixels
processed. The results demonstrate high robustness

estimator

for a wide range of parameter variations, and show -

that for an adequately chosen set of parameters it is
possible to estimate the azimuth angle with an
accuracy of 0.1- 0.2 degrees.

1. Introduction

Accuracy requirements in  satellite  attitude
control are strongly mission-dependent and vary from
several degrees, as in directing solar panels, to
less than 0.1 deg, as in pointing a telescope or a
high resolution aerial surveillance camera. During
the past three decades, a variety of attitude
determination methods have been employed, [1-5).
These methods are largely based on measurements of a
number of reference directions, such as the direction
to stars, planets or the sun. The common denominator
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between these methods is the use of a Kalman Filter
to estimate the attitude from a set of noise
corrupied measurements, Leffets et al. [5], (1982).

Satellites in low-altitude geocentric orbits,
frequently utilize a horizon sensor, a sun sensor or
a star tracking sensor, Wertz [6}, (1988). The gyro-
compassing method is based on measuring angular body
rates and using the notion that the vector of
rotation rate of the local-level plane s
perpendicular to the orbital plane. However, these
methods require considerable time for the azimuth
estimates to converge to the required accuracy, The
use of high precision level sensors can speed up the
process, but these sensors are typically heavy and
costly, Wertz [6].

This research deals with the orbital gyro-
compassing method, first addressed by Bryson [2],
(1971), using threc rate gyros, measuring the body
axis components of the satellite angular rotation
rate with respect to inertial space, and a horizon
sensor, Bryson used a fixed-gain Kalman filter for
estimating the angular orientation, Although the
system is fully observable, the final alignment with
this sensor package might take as long as 300
seconds. The incorporation of a sun sensor, which
requires information of the position of the satellite
in orbit, can drastically reduce the convergence time
if the sun elevation angle is small. However, for
high sun elevation angles, the azimuth measurement
becomes inaccurate and the sun sensor is essentially
ineffective.

The enhanced method presented in this paper is a
relatively low-cost solution for these cases. It
utilizes the optical fiow of an earth-pointing
camera, Since, as it will be explained in the next
section, the direction of the flow includes azimuth
information with respect to the orbital plane,
convergence times can again be reduced to several
seconds. The optical flow is estimated by computing
the magnitude and direction of the shift between two
successive image frames. Although the use of optical
flow techniques is not new and has been widely used
in computer vision and robotics [7-9], its particular
use for accurate satellite attitude determination,
has not been attempted earlier, to the best of our
knowledge.



This paper consists of two parts: in the first
part the need for the direct sensing of the azimuth
angle in orbital gyrocompassing is pointed out, the
principle of operation of the novel azimuth sensing
method is described and requirements for acceptable
sensor noise are determined. The second part describes
the development and experimental evaluation of the
algorithm for the optical flow estimation process and
describes  the efforts  for obtaining robust and
accurate performance over a wide range of viewing
conditions and image characteristics.

2. Description of the Method
2.1 Attitude determination by orbital gyrocompassing

The coordinate systems, used in the attitude
determination process, are defined in Fig. 1. The
orbital axis system o, for a circular orbit, has its
Yo-axis in the direction of the orbital flight
vector, its yo-axis perpendicular to the orbital
plane and its zo-axis pointing towards the center of
earth. Thus, xo-0-yo constitutes the local level
plane and xo-0-zo the orbital plane. The alignment
system a, defines the desired final attitude of the
satellite. System a is rotated with respect to system
o about the zo axis, by the azimuth angle Wo, to
ensure solar energy reception by solar panels. The
ground system g, has its xg-o-zg plane locally level
and the xg-axis pointing towards the true north. The
angle Wy is the azimuth of the ground track with
respect to the north, and varies with the position of
the satellite in orbit. Finally, the body system b,
fixed with respect to the satellite body. The input
axes of the various sensors, such as the horizon
sensor, sun sensor and camera, are aligned with the
body system b.

The orientation of system b with respect to
system a is defined by 3 sequential rotations, yaw,
pitch and roll, y, © and ¢, about the z, y and x
axes, respectively, see Fig 1. The orbital gyro-
compassing method in this research is aimed at
estimating the angles vy, 6 and ¢, o an accuracy |
milliradian, Bryson's basic orbital gyrocompassing
method [2], included the following sensors: (1) an
orthogonal triad of rate gyros, measuring the rate
components of the vector of rotation of the satellite
with respect to inertial space in xb, yb and zb
direction, being the roll rate p, the pitch rate ¢
and the yaw rate r, respectively; (2) a horizon
sensor or gravity gradient sensor, providing direct
measurements of O and ¢. In addition to these
sensors, some applicationsalso include: (3) a sun
sensor, which provides a combination of all three
angles v, 6 and ¢. The method, presented here, also
adds (4) an optical sensor, which derives the azimuth
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y, from the optical flow of an earth-pointing camera,
The basic principle of operation of this optical
sensor, is outlined in the next section.

For a satellite in the final stages of its
alignment, y, 0 and ¢ are usually less than 4
degree... The relation between the rates of V¥, 0 and ¢
and p, q, r is derived from the Euler differential
equations. On the assumption of small angles, this
relation becomes:

b 0 0 wocosWo | (9] [p+wosinWo
6= o0 0 -tosin'Wo | |81+ |g+awcosWol (1)
v -tocosWo  wosinPo 0 [ly] |r

where @o is the angular velocity of orbital motion.
The rate gyro measurements, prg, grg and ng  include
measurment noises wp, wq, wr which represent the
roll, pitch and yaw rate gyros (drifts). Replacing p,
q, and r with the rate gyro measurements, the system
of Bq. (1) can be written as:

X=Ax+Bu+w 3

where the angles w, @ and ¢ constitute the state
vector to be estimated, the rate gyro measurements
with the @o terms the input vector, and the rate gyro
noises the disturbance vector. It is clear from Eq.
(1) that rate gyro measurements by itself, are not
sufficient to compute the required angles, since the
system includes very slow and wndamped poles.
Therefore, a Kalman scheme has been employed, in
which Eq. (1) constitutes the “system model" and with
the measurement equation given by:

z dhs 1 0 0 ( v dhs
s o 1 o ¢ ¥ Oh
2| = H3| H32 H33 0 + v, [3)
gt Hy Hy Hollv s
L zlp’ns_] L 0 0 1 ] vljlasJ
or, written as:
z=Hx +v 4)

where z is the vector of measurements, composed of
i uy z and z of sun sensor
horizon sensor outputs ohe Ohs’
outputs Z, and zB, and the optical azimuth sensor
output Z‘V . H is the measurement matrix and v the
L1 -

vector of measurement noises.



ORBITAL
PATH

GROUND TRACK
DIRECTION

ORBITAL
GROUND TRACK
———

e —

EARTH CENTER

Fig. 1. Satellite attitude angle determination; definition of coordinate systems,
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Based on Eqs.(1) and (3) a discrete, variable gain,
Kalman filter has been formulated, according to Gelb
[10]. Note that in this formulation the rate gyro
drifts are considered as the “system noise”, and the
noise of all other sensors as “"measurement noisc”.
System and measure- ment noise components are assumed
to be uncorrelated and modeled by zero-mean Gaussian
White Noise processes.

Eq. (3) shows, that the sun sensor measurements
are linear combination of all three angles, y, @ and
$. The principle of operation of the sun sensor is
described in Appendix. It is shown there that the
elements of matrix H, which linearly combine the
angles, are trigonometric functions of the sun
azimuth angle A and elevation angle §. For §=90 deg
the terms H33 and H34 are zero, and the sun sensor no
longer provides information about .

2.2, Azimuth measurement from image shifts

An earth-looking camera is able to provide
direct information about the azimuth angle of the
satellite  with respect 10 the velocity vector
direction, by considering the interframe image shift
vector, The basic principle, underlying this method
is shown in Fig. 2. The camera point-of-regard is the
point at which the zb-axis (or camera viewing axis)
intersects the ground plane, and which also
corresponds to the center of the image. After a small
interval of time, At, due to both the translatory and
the rotational motion of the satellite, the camera
point-of-regard will have shifted to a different
location on the ground plane. The shift vector $b
denotes  the  displacement of the camera
point-of-regard in meters on the ground plane,
expressed in the b-system. For a given focal length
of the camera lens and given viewing geometry, the
ground displacement can be translated into pixels in
the image plane. By comparing the two successive
frames, the displacement of the second image with
respect to the first one, in pixels in the image
plane, can be found.

The relation between the shift vector Sb on one
hand, and the satellite motions on the other hand,
are drived by considering only instantaneous motion:

§b='(_v..b+(9bx_%)dt (5)

where Vb,@b are the translatory and rotational
velocities of the satellile with respect to the
ground plane, respectively; pe is the position
vector of the camera point-of-regard, at the time the
first image was taken.
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The translatory velocity of the satellite with
respect to the ground plane originates both from the
orbital velocity vector and from the rotational
motion of the earth. The x,y components of the
velocity vector Vo of the satellite with respect to
the ground plane, expressed in the orbital axis
system, are given by:

v = -QRecosA.s m‘{-’g+m0(R .+

{6)
V = QR coskcos¥
oy € '3

where Re=6378 km is the equatorial earth radius, Q=15
dogfsec is the earth angular velocity, A is the
geographical latitude at the time the first image
frame was taken, Wg is the azimuth of the satellite
ground track direction with respect to the north at
the same time, and k the altitude of the orbit,

The rotational velocity of the satellite with
respect t0 the ground plane is the rotational
velocity with respect to the local level plane, given
by Eq. (1). Finally, the position vector of the
camera point-of-regard, expressed in the b-systern, is
given by:

0
By = 0
h/(cosBcosd)

M

By combining the effects of translational and
rofational motion of the satellite with respect to
the ground plane, the shift vector Sb can be found.
After rearrangement this yields the following
explicit expression for the desired azimuth angle w :

w:tanl-ﬂ).l]l +tan|-sby—-f.’.l_A.f) (8)
ox )] be+thr

Eq. (8) shows that the computation of y on the
basis of the components $ox,Sby of the image shift
vector, also requires the angular rates p and g
obtained from rate gyro measurements, and knowledge
of the position of the satellite in orbit, ie. Wy
and A for computing VOX,VOY in Eq.(6).

The error in the computation of vy, depends both
on the errors ASbx ASby in computing the shift vector
and on the measurement errors Ap, Ag of the rate
gyros, The errors in W as caused by each one of these



components are obtained by deriviation of Eq. (8),
and can be shown to be:

Al B 1
AwSx_ "C ar Abe' Aw.?y- C Ar Asby'
9
B 1 Al
A‘I’P-‘EK;AP. A\I!q—'-C"E;Aq
where:
A= Vmsm(‘l’0+ W) + Voycos(‘[‘0+ v)
B = -Vmcos(‘Po-o- y) + Voysin(‘l-‘0+ W) (10)

cs(vfmﬂf2 )

ay

It is clear from Egs. (B) that the effect of the
shift errors and rate gyro emrors on Ay varies with
the position in orbit. For example, for an orbit with
inclination of 28.5 deg, and an altitude of 300 km, a
time interval between frames of Af=0.5 sec and shift
errors of ASox=ASty=20 m on the ground plane, the
error in y will vary between 0,02-0,3 deg. Similarly,
rate gyros drifts of Ap=Ag=1.0 deg/our will cause an
error in \, varying between 0.0008-0.015 deg. Since
rate gyros used in satellites are well within this
accuracy range, the success of this methed largely
depends on the accuracy at which the image shift can
be determined.

2.3. Simulation results

In order to investigate the effect of the
various parameters and noise levels on the estimator
performance, the variable gain discrete Kalman
filter, formulated for Eqgs, (1) and (3), has bcen
subjected to a covariance analysis. Since the mcasur-
ement matrix H govemns the dynamics of the filter
gain matrix, and since H may vary substantially with
the sun elevation angle &, it was of particular
interest to investigate the effect of & on the filter
convergence time and on the estimation errors in the
steady state. Furthermore, it was of interest to
determing whether and under what conditions the
addition of the proposed direct azimuth measurement
method is effective. The filter convergence time is
defined here as the time in which the standard devia-
tions of the emrors in the estimates of y, 0 and ¢
converge below a 1 milliradian threshold.

[Al

The effect of rate gyro noise on the convergence
time and estimation accuracy, was found to be several
orders of magnitude smaller than the effect of the
noise of horizon, sun and azimuth sensors, The effect
of the latter ones are discussed hereafter,

Fig, 3 shows the dependence of the convergence
time on the sun elevation angle 8§, for the basic
system and the system enhanced with the optical
azimuth measurement. The standard deviation of the
measurement noise of horizon sensor Ohs, sun sensor
oss, and azimuth sensor Oas, was set to 0.1 deg. Fig.
3 clearly shows that the convergence time for the
basic system increases almost exponentially with §.
For angles of & close to 90 deg the sun sensor is no
longer effective and the process might take as long
as several minutes. In contrast, for the larger sun
elevation angles, ie, for §>45 deg, the convergence
time of the system enhanced with the azimuth measure-
ment, no longer depends on 8, and remains constant at
3 sec.
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Fig. 4 shows how the noise of the azimuth
sensor in the enhanced system affects the convergence
time. For low sun elevation angles, ie. §=30 deg,
the azimuth sensor noise hardly affects the
convergence time, which remains within 1-3 sec.
However, for higher sun elevation angles, ie. 5=60
deg, the estimates increasc markedly with an increase
in azimuth sensor noise. This was expected, since for
higher 8, azimuth information from the sun sensor
deteriorates and the estimator places a larger weight
on the azimuth sensor,
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Fig. 4. Convergence time as a function of azimuth
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Fig. 4 also shows the curve for a disconnected sun
sensor; this is equivalent with =90 deg. In this
case the convergence time increases almost exponen-
tially with oas.

In Table I convergence times for various sun
elevation angles and different combinations of sensor
noise, for the basic and the enhanced system, are
compared. Table { confirms that the azimuth measure-
ment enhancement drastically reduces the sensitivity
of the convergence time to the sun elevation angle.
For §=85 deg, the addition of an azimuth sensor with
a measurement nhoise of oas=0.1 deg, reduces the
convergence time from 4 minutes to 3 seconds. Table I
also shows that even a noisier azimuth sensor, ie.
0as=03 deg, stil markedly contributes for high sun
elevation angles and has no negative effect for low
angles.

3. The Image Shift Estimation Algorithm
3.1. Theoretical background

A robust and accurate real-time algorithm has
been developed for estimating the interframe shift
vector in the image plane. The algorithm has been
tailored specifically to operate on widely varying
low earth- orbit satellite images, and is classified
as a variant of sum-of-square difference (SSD)
methods, Matthies et al. [11], (1989) and Heel [12],
(1990) and Merhav and Bresler [13-15], (1986,1987)
These methods are slightly more computationally
demanding, but are more accurate than alternative
gray level gradient methods, Fennema et al. [8],
(1979), Nagel [9], (1983) . On the other hand, the
SSD methods are significantly less computationally

angles demanding than methods which require the computation
Est imator Convergence Time [sec]
. Azimuth Sensor Enhanced
Sun Basic System System
Elevation (Without Azimuth Sensor) y o
Angle & Sun Sensor Noise cr”=0.l
[deg] Sun Sensor Sun Sensor Azimuth Azimuth
Noise Noise Sensor Noise|[Sensor No‘i’se
6 =0.1° o =0.3° ¢ =0.1° ¢ =0.3
58 ss as as
20 2 5 2 2
60 19 88 3 11
85 218 288 3 26

Table 1. Convergence times for various sun elevation angles and different combinations of

sensor noise; basic and enhanced system.



of spatial autocorrelation functions of the entire
image, Barnea et al. [16], (1972), Mustafavi et al,
(171, (1978).

The basic algorithm, developed in our laboratory
in earlier work for estimating the ground speed
vector of low-flying aircraft, attempts to find the
interframe shift vector S in the image plane. This is
achieved by locating an area in the second image,
which best resembles a test area, defined in the
first image, see Pig. 5. For simplicity the test area
is chosen as a rectangular window at the center, but
in principle, it might take any continuous shape or
position in the first image, provided it will appear
within the boundaries of the second image. Although
the shift is the dominant factor in the difference
between successive image frames of an earth-looking
camera, additional differences might originate from:
(1) additive image noise, typical in video systems:
this effect is modeled by adding a spatially and
temporally uncorrelated Zero-Mean Gaussian White
Noise component to the gray level of each pixel. (2)
Optical distortions, resulting from irregularities in
the atmosphere and the lens. (3) Geometrical distort-
ions, resulting from changes in camera slant angle.
(4) Image rotation about the viewing axis. For suffi-
ciently high sampling rates, ie. larger than ! Hz,
for a nominally down looking camera, and for relati-
vely slow camera rotations about the viewing axis,
effects (2), (3) and (4) can be neglected.
Furthermore, for an approximately known camera orien-
tation, effects (3) and (4) can be compensated for by
appropriate geometrical transformations,

Let Fx(xy) be the true gray level of the pixel
at screen coordinates x,y and of the k-th frame, Nk
the noise additive to the gray level of this pixel,
Ix(x,y) the measured gray level, and S=(sxs5y) the
unknown shift vector between two successive frames
k=1 and %=2, then it follows by definition that:

Fyxes, y-5) = F\(x) (1)
and:

Iz(x-sx,y-sy) =1,y + N () (12)
where;

N ) = Nz(x-sxo’-sy) - N () (13)

Since N1 and N2 are uncorrelated Gaussian White Noise
processes, also N12 is an uncorrelated Gaussian White
Noise process, The unknown shift vector § is
estimated by minimizing the following cost function:
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% U005 - 1 6o (14)

expressing the mean square difference in gray level
between the pixels of the first and the second frame,
within the test window (nxn pixels). In the presence
of uncorrelated Gaussian White image noise, the best
estimate of S is obtained when J reaches an absolute
minimum. Since the image constimtes a field of
random gray levels, J is a random function.
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Fig. §. Determining the in-plane shift vector between
two successive image frames, by locating an
an area in the second frame which matches
with a reference window in the first frame.



Fig. 6 shows a one-dimensional representation of
a typical cost function shape, and the corresponding
gradient of J. Since J is a random function, also the
gradient vector will be random. The range about the
true shift, in which the gradient has a positive
slope, is referred to as the "similarity zone". For
texture-tich images this range is generally smaller
than for texture-poor images.

For each pair of successive image frames, the
shift vector S, which brings the components of the
gradient vector to zero, is found as follows: (1) An
initial guess for § is made, based on linear predic-
tion, using the computed position in orbit and the
measured angular rates of the spacecraft, (2) A
global search is performed, untill the computed value
of the cost function for a window centered about S,
is minimal with respect 1o the values computed for a
3x3 pixel neighborhood of S. (3) A parabolic surface
is fitted through the nine values and the minimum for
this surface is computed analytically, using a
Newton-Raphsont scheme. This scheme has been chosen,
since it was found that for a sufficiently large
reference window (larger than 8 by 8 pixels), the
shape of the mean square difference cost function is
near parabolic about the minimum. For a reasonably
good initial guess the process converges within 2-3
steps,
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Fig. 6. Cost and gradient functions for a 8x8 pixel
reference window, for image type A.
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It is clear that for the algorithm to operate
correctly, the initial guess of § for each frame
should be within the resemblance range. This
condition is referred to as “continuous tracking”,
The degree at which the condition of continuous
tracking can be guaranteed under a wide range of
conditions, is  hereafter referred 0  as the
robustness properties of the algorithm. However, if
the initial guess is outside the resemblance range,
two undesired phenomena might occur,Mostafavi (17 .
(1) "false locking", in which the algorithm converges
to a local minimum of J. This phenomenon can never be
prevented completely, but its chance of appearing can
be drastically reduced by either choosing a larger
reference window, which improves the confidence level
of the computed cost function, or by improving the
initial guess by reducing the time between frames.
Both these solutions will demand larger computational
resources. (2) "loss of locking”, which might oecur
when the reference window is outside the boundaries
of the shifted image. Both these phenomena can be
identified, by checking the consistency of the cost J
and the estimated displacement between successive
frames,

3.2. Experimental program

An extensive experimental program has been
carried out for evaluating the method under labora-
tory conditions whichclosely resembe the actual
situation, using real satellite photographs represen-
ting a wide range of different conditions and image
textures. The experimental setup included a two-axis
(x-y) high-precision computer-controlled servo-driven
light table, fitted with Linear Optical Encoders for
measuring its position with a resolution of 2 nm, a
Javelin CCD camera, an FG100 Image Digitizing Card,
and a Motorola 1131 system, based on the
MC68020/MC68881 processors, and operating at 16 Mz,
The camera had a 573 by 573 pixel grid with a width-
to-height ratio of 4:3 and a measured signal-to-noise
ratio of 40 db. The Image Digitizing Card did sample
512 by 512 pixels at a maximum rate of 25 frames/sec,
By changing the height of the camera above the table,
its  focal length or its angular orientation, a
variety of different viewing geometries could be
simulated.

The tests involved moving the table in small
steps along a pattern of straight parallel lines at a
given azimuth angle with respect o the north, thus
covering most of the image, without passing the same
arca twice. At cach step the image was sampled,
together with an accurate reading of the table’s
position by means of linear optical encoders. The
encoder signals were used for computing the actual
image shift vector and its azimuth angle. This angle



was compared with the one estimated by the algorithm,
and the error was recorded, Each run included 100
image frame samples.

Experimental parameters were: (1) reference
window size n; (2) size of shift between frames S;
(3) azimuth of the orbital direction of motion e
and (4) camera focal length, expressed in terms of
the pixel ground plane footprint. In addition, the
effect of image texture contents was investigated for
four typical images: type A: an urban area; type B: a
hilly area with canyon; type C: wave-like sand dunes;
and type D: a mixed arca of small settlements,
cultivated fields and uncultivated mountain area,

3.3. Results
3.3.1. Shape of cost function

As mentioned earlier, the success of the
algorithm can be largely attributed to the near pas
bolic shape of the cost function near the absclute
minimum. Thus, the gradient in the vicinity of the
minimum is almost linear. A one-dimensional example
of a cost function and its pgradient, computed for
image type A and for a 8X8 pixel reference window, is
shown in Fig. 6. Fig. 6 clearly shows the parabolic
shape of the cost function, and the stecp and lincar
characteristic of the gradient in the vicinity of the
minimum. Note also that the similarity zone
{resemblance range) can be clearly identified.

3.3.2, Robustness Tests

For all image types and for a reference window
size of 16x16 pixels, the algorithm was always found
to converge to the absclute minimum, provided the
initial guess for the shift vector § was within 5

pixels of its true value. For a larger error in the-

initial guess, convergence could no longer be guaran-
teed under all conditions. This robusiness was
achieved by an efficient limited area global search.

3.3.3. Accuracy tests

No consistent effect of the direction of motion
azimuth g on the errors in estimated shift in x and
y direction, was found. Therefore, the estimates were
dominated by specific image features such s the
direction of the canyon or the wave pattern in types
B and C or the lack of homogencity of image D, rather
than the absolute direction, per se, Hence, following
Eq. (9), the estimated azimuth was not affected by
g, and only the results for ywg=45 deg. are presented
here. Table II shows standard deviations of the
errors in the estimated shifts in x and y-directions
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and azimuth ang) . O and o
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of runs of 100 image frames, for various image types,
reference window sizes and shifts between frames. The
large variability in the results can be attributed to
the fact that during each rum, different areas of the
image were scanned. Nevertheless, the results clearly

show that increasing the reference window size yields
improved accuracies, e.g. the average values of o

for image type A are 0.20, 0.16 and 0.12 pixels, for
window sizes of 16x16, 32x32 and 48x48 pixels,
respectively, In Fig. 7 averaged values of Oy A€

. Tespectively,

plotted against the square-root of the number of
pixels in the reference window. The curves show an
almest linear dependency, both for a shift of 50 and
100 pixels per frame.

For a given pixel ground plane footprint of 50
m/pixel and a ground speed of 7200 m/sec (speed of
radial-to-carth-surface  intersection  point)  shifts
between frames of 20, 50 and 100 pixels, correspond
to sampling rates of 7.2, 2.88 and 1.44 frames per
second. The results in Table II show, that the size
of the shift between frames has no effect on the
shift estimation error. This was expected, since the
size of the shift affects the quality of the initial
guess, rather than the final accuracy. Since for the
largest shift of 100 pixels the initial guess was
stil  within the resemblance range, all estimates
converged to absolute minima, However, following Eqs.
(9 and (10), the error in the estimated azimuth angle
is expected to increase linearly with the inverse of
the time between frames At, or for a given footprint,
with the inverse of the shift between frames. Fig. 8
indeed confirms this linear dependency for the four
image types. Although extending the shift between
frames beyond 100 pixels might result in even more
accurate azimuth estimates, the resulting lower
sampling rates might adversely affect the quality of
the initial guess and hence the robustness of the
algorithm. Furthermore, sampling rates might be below
the minimum set by system requirements.

Fig. 8 also clearly shows the effect of the
image texturc contents. The urban area A with its
rich texture contents, allowed a two times beiter
azimuth estimation accuracy than the relatively
texture poor wave-like sand dunes C. In general, the
accuracy improves with texture contents, i.e. when
the resemblance range is relatively narrow, the mean-
squarc difference gradient is steep and the cost

function surface is near-parabolic. Consequently,
texture rich images will require a better initial
guess,
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Reference Shift Shift Estimation Error| Azimuth
Image Window Between Estimation
Type Si?e ) Frames x-direction | y-direction| Error
[pixel] [pixell ce“[pixc]] cesy[pixc}] an (deg]
20 0.216 0.278 0.8077
16x16 50 0.186 0.173 0.1948
100 0.189 0.305 0.1337
20 0.181 0.117 0.3833
A 32x32 50 0.130 0.096 0.1287
100 0.155 0.164 0.0811
20 0.161 " 0.096 0.3694
48x48 50 0.111 0.084 0.1017
100 0.098 0.076 0.0509
20 0.224 0.248 0.7291
B 50 0.200 0.320 0.3060
100 0.227 0.345 0.1709
20 0.347 0.623 1.4044
C 32x32 50 0.246 0.422 0.3932
100 0.228 0.486 0.2176
20 0.243 0.315 0.8151
D 50 0.274 0.447 0.4511
100 0.277 0.295 0.1873

Table X, Shift and azimuth angle estimation errors for various reference
window sizes, shifts between frames and image types.

The effect of increasing the camera focal
length, or, altematively, decreasing the pixel
ground plane footprint by a factor of two, is shown
in Table IIl. The data refer to a reference window
size if 32x32 pixels and a shift between frames of
100 pixels. For the texture rich image types A, B and
D, the footprint does not affect the accuracy.
However, for the texture poor wave-like sand dunes C,
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the reduced footprint yields an improvement in
texture contents and, consequently, an improvement in
estimates. Although, for a given image shift in
pixels, the effect of reducing the footprint on the
quality of the azimuth estimate is minor, its largest
benefit is the increased sampling rate. This
facilitates a better initial guess, and thus improves
the robusiness.



Azimuth Estimation Error
Image Ue\v [deg]
Type Footprint Footprint
25 [m/pixel] |50 [m/pixel}
A 0.0805 0.0811
B 0. 1648 0.1709
C 0.1616 0.2176
D 0.1719 0.1873

Table IIL The effect of the pixel ground plane footprint on the azimuth angle estimation
error, for various image types.

Reference Windgw Size | ¢ 16 | 24524 | 32x32 | 48x48
[pixel]

Computation time 1.64 3.61 6.36 | 14.19

per iteration [msec]

Table 1V. Single iteration computation time for various reference window sizes.

3.3.4. Computational requirements

Table IV lists the computation times needed for
one iteration of the algorithm, for various reference
window sizes, The algorithm has been implemented in
assembly language on the 16 Mz Motorola 1131 system,
based on the MC68020/MC68881 processors, Table 1V
shows that for a 32x32 pixel reference window and an
average of 3 iterations, the algorithm requires about
20 msec per frame, which is well within the 40 msec
time span between the frames of a standard television
camera,

4, Discussion

The proposed azimuth angle sensing method const-
itutes a low-cost improvement of the orbital gyro-
compassing process. The image shift algorithm demon-
strates a high degree of robustness over a wide range
of varying situations and allows the estimation of
the azimuth angle to within 1 milliradian. For high
sun elevation angles, this measurement reduces the
estimator convergence time from 4-5 minutes to
several seconds. ‘
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The success of the azimuth sensing method
depends on the degree at which the condition of
“continuous tracking” can be maintained. It has been
shown that for a wide range of image textures and
viewing conditions continuous tracking can be guaran-
teed, provided the initial guess of the shift vector
remains within the resemblance range, or generally
less than +5 pixels. Since the initial guess is based
on linear prediction, its quality deteriorates with
an increase in' sampling interval and likewise its
probability to be outside the resemblance range.
Hence the probability of occurrence of loss of lock
or false lock increases with the sampling interval.
However, since the satellite motions are
near-deterministic, for the sampling interval of 1
second considered, the initial guess is well within
the resemblance range. Although the quality of the
initial guess affects the robusmess, the accuracy is
not affected, provided the algorithm converges to the
absolute minimum. However, more iterations and thus
more computational resources might be needed to reach
the minimum.



The pixel ground plane footprint for a given
image shift in pixels, improves the azimuth estimates
for texture poor images and has no meaningful effect
for texture rich images. However, for the given
shiff, a vreduction in footprint increases the
sampling rate. Since a smaller footprint requires a
heavier lens, the largest footprint should be chosen,
which still meets the demands of accuracy, robusmess
and sampling rate, ie. a footprint of 50 m/pixel
with a 288 framesfsec sampling rate seems appro-
priate for the problem concerned.

Reference window size is proved to improve
robustness and accuracy, by smoothing the cost
function as well as the slope of the gradient near
the optimum. However, computational efficiency
requires to keep the window as small as possible,
Texture rich images are shown to have a narrow resem-
blance range and steep gradient slope, whereas for
texture poor images the opposite is the case. Thus,
in order to improve accuracy, robustness and compu-
tational efficiency, the size of the reference window
should be matched to the image, This matching could
be performed automatically on-line, in which the
slope of the gradient could be used for selecting the
optimal window size,

Accuracy and robustness might be further
improved by employing a number of reference windows,
located at different areas of the image. The shift
vector estimate would be based on the weighted
average of the estimates for each window individ-
vally, where the weighting factors would be deter-
mined by the gradient slopes.

A certain shortcoming of the method is its” need
for orbital position data and rate gyro measurements,
Thus the sensor cannot operate in a stand-alone mode
and needs to be interfaced with existing satellite
systems. On the other hand, when digitized image
sequences from an existing camera arc available, the
method does not require additional hardware, except
for a slight increase in on-board computational
resources. When camera images are not available or
can not be used, the installatton of a miniature,
light-weight CCD camera might be a suitable solution.
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7. Appendix

Fig. 9 shows the sun sensor geometry. The sun
azimuth angle is A and the sun elevation angle is 3.

The angles between the zb-axi.s and the projections of

the sun vector on the Yy 02y and x,-0z, planes, are

¢ and B, respectively. The output signals of the sun
sensor are the tangents of o and P. Based on the
known position of the satellite in orbit and the
position of the sun, the tangents of o and § in the
alignment system a, can be computed. The difference
between the measured tangents of the angles o and f
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and the computed ones, constitute the measurements Z,,
and zﬁ' and express the angular difference between

the actual orientation & and the desired orientation
a. The complex relation between the sun sensor
measurements z and z‘3 on one hand, and the angles ,

0 and ¢ on the other hand, is developed in Ref. [ g].
As shown in Eq. (3) Z and zB can be expressed as a

linear combination of the angles. The coefficients of
H are given by:

. 2 .
- sind gosl , H32 - _[1 N coszl ; H33 _ sind
tan & tan”8 tand
sinzh -sink cosi -cosh
H41= L+ ); P T UL S
tan”§ tan“d tand

where A and § are computed analytically and are the
sun azimuth and elevation angles with with respect to

the alignment system a.
el /
L=
e
-~

Fig. 9. Sun sensor geometry,
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Abstract.

In earth pointing satellites the
use of momentum bias is a common prac-
tice for stabllizing agalnst external
disturbances.This approach 1e of great
utility epecially in systeme in which
the measurment of the yaw angle ig not
available.The momentum blas provides a
natural gyroscople stabllity,however,
harmonic external disturbances or ener-
gy diesipation 4in the rotor of the
momentum wheel might cause instability
effeots of the nutation or orbital
dynamics. An active control 1e& neces-
sary teo prevent thle possibllity.Wha-
tever the control moments should be,
magnetlc,sclar or hydrazine thrusters,
the design of the control law 1lg,in ge-

neral, based on approximate techniques
because of the impossibility to
separate the x from the z axis
dynamics.

In the present paper,a way ies sug-
gested to deslgn a controller that
meets exactly the atability and
disturbance attenuation specifications.

Nomenclature
%,0,¥ =Euler angles in reference
frame
hw -blias momentum of the wheel on

the y-body axis
Ix,Iy,Iz-principal moments of inertia
Ixy,Iyz -products of inertia

Txc -torque command cn the x axie
Tze -torque command on the z axis
Tyc -torque command on the y axle

Kx,Kxd,a~controller parameters
wo -orbital frequency

wnut -natation fregquency

wnl,wn2 -modal fregquenciles of the clo-
sed loop controlled eystem

zl,22 ~damping coefficiente of the
second order modal poles

Nex,Nez -external disturbances

B -Laplace variable

woh - =wox*h

Yes ~gteady state error in yaw (¥)

#88 ~steady state error in roll(g)

HS -Horizon (Barth} Sensor

RG -Rate Gyro

Np ~RMS noise level of the roll
{(#) and pitch (8) sensor (HS)

NRG ~RMS noise level of the Rate

Gyro

a1

,Yahuad, 56000

Introduction.

Hoet of the recent earth- pointing
three-axea- stabilized communication or
other satellites use a momentum wheel
that provides a natural inertial
attitude stabilization against external
disturbances such as golar disturban-
ces, for high orblt geostationary satel-
lites,or solar and aerodynamic distur-
bances for low-orbit satellites.

Unfortunately,use of the momentum
wheel providing the momentum bias is
not sufficlent for stabilizing when
dieturbances exist :harmonie disturban-
cee of the orbital or nutation fre-
quencies may lead to destabilization

4 different kind of destabiliza-
tion was obeerved on the OTS/MARECS
famlily of communicatlon satellites .On-
orblt experimente showed that energy
diseipation in the rotor part of the
momentum wheel caused inetability of
the nutation mode which was not
adequetly damped with the active solar
sail control system (See Ref.1).

An important feature in using mo-
mentum biae in a three-axes earth-
rointing satellite ig that measuring
the yvaw angle Y becomes unnecessary,
aince yaw ( ¥ ) and roll ( ¢ ) errors
interchange every quarter of the orbit

perlod.(Eetimation of the yaw angle
requires complicated and expensive
inetrumentation , epecially when sun

neasurments are not avallable during an
eclipse.For low orbit satellites the
eclipse duration equals almost half the
orbit peried).

The contrel momenta used in active
contrel during the sailing mode of
momentum blased satellites are usually
based on the magnetic control momenta
such as in the RCA Serles 3000 family
(See Ref.2):gas thrusters,INTELSAT V
family (S5ee Ref.3),or with solar prea-
gure moments achieved through diffe-
rential positioning of the solar pan-
nelg,as in the OTS,MARECS famlly, (See
Ref.4 ).

In all these alternatlves,the de-
slgn technique for computlng the linear
feedback control law should Dbe the
same . However, design probleme may arise
because of different saturatlion moment
levele ,and sensor nolse.

Under certain rough approximations
there are design techniques Lo achleve



desired iImmunity to dlsturbances,with
"satisfactory"” damplng coefficlents
which are only approximately achieved
(Bee Ref.b).

In the following,we shall show &
way to deslgn the 1linear control law
such that the desired specifications
are exactly achieved.In the follewing
stage of the deslign ,the moment satura-
tion and the attitude and rate measur-
rments noilse effects are coneldered,
and the linear control law 1is changed
accordingly.

2.Decign of the Active Control.

In this section we assume that
there existe only principle axes of
inertia ,and the momentum axis of the

mnomentum wheel 1ls antiparallel to the ¥
axle of the satellite.

2.1 Linearized Attitude Equaticns.

With no product of inertia, the
piltech axis dynamics ( ¥y ) can be sepa-
rated from the lateral dynamics ( x and
2 axes }

Ix.¢ -wo.hw.g -~ ?.hw:Nex+Txc

Iz.?.

It is easily shoun that if

hw >>wo*d (Ix*Iz}, then the determinant
of the above equations is

(1)

-wo.hw. ¥ + é .hu=Nez+Tzc (23

6(e)=(8" + wo?).(8® + wnut?)
with wnut=4 hw2/(Ix*1z)

An external harmonic disturbance
with a frequency we, leads te a linear-

ly growing harmonlc output of ¥ and ¢,

2.2 The Linear (ontrol Law:Exact

Approach.

In case ¥ and 8 can both be
measured, the straightforward control
law should be :

Txe = -kx.¢ - kxd. é (3
Tzc = -kz.¥ - kzd. W (4)
Since we are interested in the
practical case in which measurment of
the vaw angle is not practically
possible, Tzc becomes

Tazc=-a.Txc (5)

See Fig.l.
Equations (1) and (2) become:

Ix.¢ ~wo.hw.g-¥. hwtkx.g+kxd.g=Nex  (6)

Iz.?'+é.hw— ¥.wo.hw+a . kx.g+a.kxd.g=Nez
{(7)
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With hw=-h and woh=woxh ,the determi-
nant of eqe. (6) and (7) becomes

4 3

8(s)=s .Ix.Iz + 5 .Iz.kxd +

8? . (Ix.woh+Ilz.woh+lz.kx+h?®*+a.h kxd)+

8. (kxd.woh+h.a.kx) + + kx.woh

(8)

woh?®

Solving for ¢ and ¥ from (6)
and (7) in terms of Nex and Nez,we get:

Yes=Nea/woh+a, Hex.kx/{woh. (kx+woh)}] (8)

With kx>>woh and a<l which ngually hold
and, given the permitied 56, Nex,Nez,
and wo,we easily find the minimam ne-
cegeary hw=-h.

ges8/ Nex= 1/(woh+kx) (10)
hw (=-h) has been computed from eq.(9),
knowing the maximum external distur-
bances and the permitted Wss.Knowing
the maximum permitted @ss and hw,we
compute kx from eq.{1¢).The next step
shall be to find kxd and a.

The determinant of the closed loop
system ,Eq.(8), s of the forth
order,whlch means that we expect two
complex roots,(wnl,zl) and (wn2,z2).
Hence,6(s) of the closed loop aystem
can be egquated to:

[6742.z1.wnl+unl 2J[6%+2.z2.9n2+uwn2 *]=

4 J
a8 +8

(zl.unl+z2.wn2). 2 +
s . [(wnl)2+(wn2)}*+4,21.22.wnl.un2] +
8.(21.wn2+22.wnl).2.uwnl.wn2 +

(wnl)®.(wn2)® (11)

v
-1 L Kx |

Kxp '

Rl an—
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¢
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B ﬁ__llv -
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Untill now,we have computed hw and
kx from specifications on acceptable
steady state errors 1In ¥Yss and g¢ges,the
maximum dieturbances Nex and Nez belng

known.What is left is to find kxd and
a.

After equating coefficlente of
both polynomials in eqse.(8) and (11) we
have the following four equatlons:

{(wnl}? . {wn2)?=woh. (woh+kx)/(Ix.Iz) 12)
2.wnl.un2. (zl.wn2+22.wnl)=
(kxd.woh+a.h.kx)/(Ix.Iz) (13)

(vnl)?+(wn2)%+4.21.22.wnl.wn2=
[(Ix+Iz).woh+Iz.kx+h®+a.h.kxd1/(Ix.Iz)
(14)

2.(zl.wnl+z22 . wn2)=kxd/Ix {15)

In these four equations,kx,woh,Ix,
Iz ,zl1 and 22 are known.We are left
with four unknowns which are kxd,a,wnl

and wn2. The firset +twoe unknowns are
control gaine we are looking for.The
last +two,wnl, and wn2, are byproduct

resulte.

The soclutlon of these equations is
stralghtforward 1f we put z1=22.Eq.(10)
shows that kx may become negatlve.There
ie nothing wrong with that possibility,
However,stabllity consideratione,as per
eq.(8) show that kxd must always be
posltive,

For illustartion purposes,we shall
deal with the following two examples

Example 1 (geosynchronous orbit)

Nex=Nez=56.exp(-6) HNm.
Ya5=0.4 deg.; ¢as=0.05 deg
Ix=800; Iz=1000 Kg.m?
zi=z2=0.7

From eq.{59) we compute h=10 HNms.
From eq.(10) we find kx=0.005 By
golving the simultaneous equations (12)
to (15) we find

kxd=18.; a=0.559
wnl=0.0158 ; wn2=1.43% exp(~4) rad/sec

Example 2 (a circular orbit,R=7378 kma)

For the same data and aspecifica-
tione as in Example 1,we find that:

kx=-0.00423 ; kxd= 20.2; a=0.723

wnl=0.0175; wn2=4.82 exp(-~4) rad/sec
Simulation in the frequency domain
shows that the roots of the closed loop
systems achleved the desired damping
coefficients (21=22:=0.7) with exactly
the same modal frequencies wnl and wn2.
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It is important to chow
loop gains Lg and LY of the Txc and
Tzc feedback loops as shown on Flgs.?2
& 3,on the Nichols chart,for Example 1.
The Gailn and Phase margins (GM and PM)
obtailned are clearly satisfactory.

The above results are the first

the open

etage of the design process.We must
then consider the problem of sensor
nolses which are amplified and mixed

with the torque commande Txc and Tzo.
( Most of the numerlc results will

be given for Example 1,1f not otherwise
stated).

3. Bengor Nolse Amplification.

The most common way to measure the
roll angle ¢ is Dby ueing an Earth
Horizon Sensor (HS).These sensors are

naturally noisy.A good instrument has a
noise level of about 0.03 deg RMS.

It 1s easily shown by solving
eqe.{3),(5),(6) and (7) that the sensor
noise anplification 1is infinite 1f
adequate fllters are not added to kx
and kxd.Moreover,if no rate gyro (an
expensive device) 1s used to measure

the rate % , ¢ must
tlated,adding to the
cation.

In the following,both cases will
be treated individually.

be differen-
noise amplifi-

3.1. No Rate Gyro for Measuring é

With no rate gyro in the loop,the
final controller becomes:

Gle)=(kx+s.kxd}/(1+s/al) (1+a/a2) 18)
al and a2 are to be

chosen wsuch _that
the RMS

noise amplification Txe/Ng 1is
minimized with no apprecilable dete-
rioration of the etability margins
(hence also of z1 and z2 )

For the present Example 1
al=0.1 and a2=0.Z rad/sec ,we
Txc/Ng=0.484;Tzc/Np=0.0993

The gain and phase margine of Lal
and L¥1 are practically the same ,8ee
Filgs.2 and 3.

The closed loop meodal roote chan-
ged to :unl=1.436% exp(~-4) ,zl1=0.6688

wnz=1.968% exp(~-2) ,z2=0.6648
which are acceptable results.

For a good Infra-red Earth Sensor,
the noise level 18 of the order of
¢.03 degs RMS (30).With the nolee
amplification of the present solution,
the nolse level at the moment control-
lers will be of the order of

,with
find :

TxcNg = (.03%0.484/57.321=253 uilm. RMS

In geoetationary orbLits, it is quite
difficult to obtain torque commands of
gimilar magnitudes.



The maximum achievable torques
with solar pannels are of the order of
5 to 15 plm ,which isa much below the
torque noise level of the present
solution.The logical way to circumvent
the moment saturation probler is to
increase its level,However,this appro-

ach is generally not practically
poassible from an engineering point of
view . For instance,for a solar sail
controlled eatellite, increasing the

moment saturation level by a facter of
two 1is accompanled by increase of the
sclar pannele surfaces by approximately
the same factor.

With magnetic torquere providing
350 A.m*(ae used in the satellite
SATCOM/RU) ,torquee in the range of 35
#lNm are achievable.
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Hence, in both cases,the torque
controllers shall be saturated by the
anpllified nolse of the Earth sensor
(unless the torque capabilities
drastlcally increased).

In Example 2,wlth the low orbit
satellite,the nolse amplification is
about 0.45 ,which leads to a nolge
torque of about 0.25 mNm RMS.

With the same magnetic torquers,in
a low orbit satellite (about 1000 EKms
height),torques in the range of 5-7
nlim can be easily achieved ,{depending
on the orblt inclination),so that the
nolee amplification problems is much
easter to handle. See Figs.4,and § for
8 6D of freedom simulation.

In theee flgures,with a ¢ measur-
ment nolse of 0.03 deg. RMS,the torque
command noise levels and the magnetic
torquere levels are as follows:

are

Txen= 0.2 mNm BRMS;Tzxn=0.15 mNm RMS.
Mxn =8.8 A.m*® RMS;Mzn=1Z2.4 A.n* RHS,
which are well below the saturation

levels.

0.03

. [=]
0. L -n T l" - - '..l;lﬂ ey L2 13 O r
TIME 107s
FIG, 4

In case that the torque noise
level stays beyond the torque
capabilities of the controller,as in
Example 1 ,it 1s imperative to decrease

the torque noise level if the control
aystem 1s to work at all.We shall men-
tion two poesible methods to decrease
the amplified noise:

1. Decrease of the nolse ampli-
fication by simultaneocusly decreasing
the damping coefficlent factor of the
nutation mode,without decreasing appre-
clably the damping of the orbit mode,
which is at a much lower frequency
range than the nutation mode.
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Thies effect ip easily achieved by Tzec,Mx and Mz are prohibitively

decreasing the gain
in Eq.(3). Bome
Table 1:

coefficilent kxd

results follow in

kxd 1zl -—orbjz2 -nut|_ Txc/Na| Tzx/Ne

18. 0.699 0.6648¢f 0.4484| 0.0983
9. 0.675 0,34 0.237 0.0460
4.5} 0.67 0.137 0.117 0.0225
1. 0.664 0.0296) 0.0234| 0.0049

0.39| 0.664 0.0028( 0.0091( 0.0018

The above table clearly shows that
in order to satisfy the torque capabi-
litiea of the eatellite in Example 1,a
drastic decreaee of the nutation dam-
ping factor 18 necessary.with all the
drawbacke involved as in Ref. 1.

With the nutation damplng approaching
zero,any initial nutation ie almost
undamped.Should it stay undamped ,hut
with a non-diverging acceptable ampli-
tude,this could be a solution.Unfortu-
nately,as we have already menticned,
unpredictable physical effecta may
cauee nutational inetablility of the
syatem (Ref.l).

To emphasize the meaning of Tablel
suppose e agree to decrease the
damping factor of the nutation mede +to
z2 = 0.0296 ;this is accomplished by
decreasing kxd to kxd=1. The resulte
of a 8D simulation are gshown in Figs.6
and 7 In Fig.7,the levels of Txe,
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high,and unacceptable.With the same le-

vel of measurment noise of +the Earth

sensor of 0.03 deg. RMS,the following

noise levela were ameen:

Txen=8,7 uNm RMS ;Txcn=5.45 uNm RMS

Mxn =63 A.m" RMS ;Mzn =85 A.m* RMS
These wvalues are still high for a

practical engineering solution.

2.There ie & posesibility to keep
a much lower level of noise amplifica-
tion, by a greater decrease of kxd, but,
with the use of the product of inertia,
to reincrease adequately the damping
factor of the nutation mode.

Although not 1in the scope of the
present paper,this approach will be
briefly discuesed in Section 5.

3.2. A Rate Gyro Exists for Measuring é

In +thies case ,use is made of the
Earth sensor for measuring ¢ only;the

rate ¢ is measured with the rate
gyro. In thilae c¢case the Earth senscor
output is not differentiated.

Txc[mNm}

Tze[m¥m]



&¥ro nolses were computed and are rea-
pectively

Txc/NBRG =3.49;Txc/Ng=8.66%axp(-4)

(The torgue command level due to

the ¢ noise is insignificant).
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ae—— © The noise PSD of a good rate gyro
..... T R S i is about 0.02(degr/hr)*/hz (as in the
‘ O o Ferrantl gyroscope used in the Telecom-
: ‘ D munication Satellite Olympus)
I * The bandwidth of the control loops
i are less than 0.2 rad/sec=0.0477
oo 25:&,:0 <01, O &) £ s:c © hz/sec.
T14 esera w4 Hence,the torque command due to
_— " the rate gyro will be less than 1 pNm.
;)/Kffffﬁ ............................. Y RMS5,which is an acceptable level.
; o <F
......... e e D
1
; fo om . 4.The Controller Saturation Problem,
ci T Fte -, CXD e B f LI-= ]
- : The controller saturation problem
: R S R ie to be carefully investigated. It 1ig
N L ‘ e o evlident that <the controller moment
E ; - saturation level must be higher than
I - the disturbance moment level in both x
: and 2 axes,by at least a factor of two
C _ e o to three.Even with this moment satura-
2 1 AR P e o tion margin,care must be taken to
TIME 8 10“ & prevent moment saturation by decreasing
’ accordingly kx and kxd during initial
transients.
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In Example 1,the noise amplifi-
catlon of both horlzon sensor and rate



5. Active Denutation via Iyz or Ixy

An original way to stabilize the

nutation mode by using producte of
inertia was firet mentioned in Ref.é6.
A complete analysls of the proposed
approach follows in Ref.7. The results
obtalned by uesing this approach are
very good,s0 that ,although not in the
acope of the present paper,a short re-
view of the resulte ls worthwhile.

The basiec 1idea 1s +to damp the
hutation mode of the x-z axes dynamics
via the torque capabilitiesg of the mo-
mentum wheel.A normal momentum wheel
hag torque capabilities in the range of
at leaest 50 to 100 mNm,which is seve-
ral orders higher than the torque
capabllities achlevable in geosynchro-
nous eatellites with solar pannels,and
aeven with maghetic torquers + a8
explained 1n the previous gections.

If products of moment do exist,for
instance, Iyz or Ixy ,(it is immaterial
which one ) the nutatlon mode can be
damped via the y axls dvnamlice whose
control torques are achleved with the
momentum wheel, Use is then made of
the control network GNUT(e) in Fig.1.

A complete analyals and design
procedure are given in Ref.7.

For +the special Example 1 of this
paper:

GNUT(s)= 2000.s./(wnut=0.03,znut=1).
(17)

kxd has been drastically decreased to
the value of kxd=0.05,which,with
GNUT(e) =0 ,leavea the system practi-
cally undamped, (see Fig.B8),but with a
very low amplification of the HS noise.

In Fig.{,the y-axis attitude loop
for controlling the pitch angle @ is
achieved with the aid of the gains ky
and kyd. The closed-loop bandwidth is
wN =0.1 rad/sec.

Use of GNUT{(e) mse per Eq.(17) and a
product of dinertia of Ivz=20 EKg.m?
helps to damp the nutation mode +to a
very satisfactory level,see Fig.9.;
for thie case kxd=0.05.

Fig.10 shows the torque command
magnetic torgquers levele,which have
been drastlcally diminieshed, compare
with Fig.7. The BRMS values are also
very low:

Txen=0.6 uNm BM3 ;Tzcn= 0.33 uNm RMS
Mxn =3.3 A.m®* RMS ;Mzn = 5.9 A.m* RMS.

With the aid of thie approach,the
difficulty of damping the nutation
mode 1n Solar Salling (See Ref.1 )},
using solar pannele for achleving
control moments,ls8 virtually solved.
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6. Summary_and conclueione,

In the present paper,a aimple pro-
cedurse has been ehown to exactly
compute the gains of the controller of
a momentum biased eatellite so that de-
elred damping factors of both the orbit
and the nutation modes ahall be
achleved at will.

1t has been shown that attitude
gengor nolee leads,specially for high
orbit satellites,to unacceptable le-
vels of command torques,which cannot
be achleved by common torque
controllers., In theee cases,in order
to decrease the need of very high
torque capablilities,the damping coef-
ficients of the nutation mode should be
drastically decreased in the conven-
tional contrel syetems ,wlth no pro-
ducte of inertia. In theee cases,uncon-
trolled instability of nutation may
occur because of unpredictable causes.

Use of products of inertia,with a
compatible control network, via the
pltch (v axis) dynamice and the momen-
tum wheel ,helpe to satliefactory damp
the nutation mode with no problem of
exceseive amplification of the nolise at
the level of the x and =z axes torque
commanda,
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Appendix A
Hagnetlia Control Lau.

In this Appendix we asgsume the
existence of magnetic torquers and a
momentum wheel for the attitude control
of the momentunm biased satellite.

In any feedback control
configuration, the control commands are
gome linear or nonlinear function of
the measured states.

In the attitude control of satel-
litee ,the states are usually the Eu-
ler sngles ¢, © and ¥ ,and their deri-
vatives,the quaternion errors ,the di-
rectional c¢oeine errore ,etc.

Once the moment control commands
around _the +three body axes have been
computed according to +the prefered
control law,they have to be translated
to commands on the magnetic torquers,
and the momentum wheel.

The computed contrel commands are
Txe,Tyc and Tzec.

Tc= M x B (Al)

where Mx,My,Mz are the components of
the magnetic dipole M produced by the
magnetic torquers located on the
satellite principle axes. Bx,By,Bz are
the components of the earth magnetlc

£ield B in body axes. They are measured
by the body fixed magnetometer,

Since Tc and B are known,we have
to £ind M.

The matrix form of Eq.(Al) ie:

Txc 0 Bz -~By Mx
Tyo =| -Bz 0 Bx My {A2)
Tazc By ~Bx 0 Mz

Inversion of Eq.(A2) in this no-
minal form is not possible because the
determinant of the matrix le null,

Te 1is the result of a vector multi-
plication.Hence, not all the three axes
can be controlled with the three magne-
tio torquers.In our case,lnetead of My,
we shall use the momentum wheel to con-
trol the y axls attitude;the moment

achieved by the wheel will be hw=hwd .
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Eq.{A2) becomes:

The determinant of the

Txre 4] 0 -By Mx
Tye (=] -Bz 1 Bx hwd (AJ)}
Tzo By 4] 0 Mz

matrix is

now finite and equal to By*.Inversion

of Eq.{A3) showe that:

(A4)
(A5)
axis 1is

of the

Mx= Tzo/By

Mzz -Txc/By
and the torquer on the ¥
auperfluous.

The magnetlic control
examples in Bection 2 is based on

Eqse.(A4) and (A5).
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Extended Abstract

For the control of manipulator arms two basic
approaches exist: the "joint space" approach and the
"operational" or “cartesian” approach. In the joint
space control approach [l], the control scheme has
two levels. On  the first level of control
transformation is made from a Cartesian description
of the end effector path into joint trajectories,
This is the problem of inverse kinematics. On the
second level the joint control s actually
implemented. In the operational space approach the
end effector is directly controlled through the Jjoint
torques. When using the operational space approach
[2) there is no need to compute the joint angles,
since they are the result of commanded joint torques.
The end effector path generation task is embedded in
the control itself,

For a free flying robot in space the problem of
controlling the robot manipulator end effector and
actually  achieve its  desired  position  and
orientation, acquires an additional complexity. When
using the usual joint controls method the manipulator
inverse kinematic equations are applied to compute
the required joint angles to achieve the prescribed
and effector trajectory. When these joint angle
trajectories are implemented, the commanded arm
motions produce reaction forces and moments on the
robot base that in turn induce both a translation of
its center of mass and a rotation about its center of
mass. The manipulator joint angles that would
normally be commanded in the case of a fixed base
will fail to achieve the required task.

In Ref. 3 the control of a manipulator mounted
on a free flying satellite was considered and
solutions obtained for the inverse kinematics
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problem. This solution was obtained under very strong
assumiptions namely:

1. The space base attitude control system will null
the cffects of the manipulator induced
rotational disturbances.

2. The center of mass of the composite system
remain inertially fixed. '

3. No extemal forces or torques are applied by and
on the manipulator,

In Ref. 4 a control method was proposed based on
the operational space approach capable of achieving
the desited end effector position and orientation, or
their respective desired rate, for a spacecraft
mounted manipulator without constraints in spacecraft
motion or in manipulator exerted forces or torques.

In the operational space approach a joint
control torque is defined using the computed values
of the system gencralized matrix of inertia, Coriolis
centripetal  torquefforce vector and the Jacobian
matrix generalized inverse and derivative, based on
the assumed known values of the mass and geometric
propertics of the manipulator, the payload itself
being assumed part of the last manipulator link.

In this work the operational space approach for
control is generalized for the case of a free flying
robot in space. with two manipulator arms. A system
model was developed based on the recursive Newton
Euler algorithm [5]. By adequately partitioning the
system matrices and vectors the control system
structure  is defined and control algerithms are
developed. It is shown that both the robot base and
end effectors are free to behave independently and



achieve their required inertial position and attitude
as required.

One of the major tasks of the free flying robot
is to deal with different classes of payloads, and it
should be able to grasp and release payloads with
geometric and mass characteristics that in general
will be unknown to the robot manipulator control
system. It is shown by use of the system digital
simulation that when the payload varies in only a few
percent with respect to its assumed value the system
becomes oscillatory and for larger variations it
becomes even unstable.

In Ref. 6 was considered the problem of
synthesizing the robust algorithms for local joint
control with the aim of obtaining an algorithm which
is robust with respect to generalized modelling
emors and an algorithm based on the use of an
observer together with feedforward and feedback loops
was proposed there. In this work is shown that in the
limit this observer behaves as if the joint angular
acceleration is directly available to the system.

This basic idea is pgeneralized for the free
flying robot by assuming that angular accelerations
are measured at each joint. This  additional
information  enables to  perform, after an
initialization period, an exact on line computation
of the components of the generalized matrix of
inetia and the Coriolis/centripetal vector. This
exact computation enables to assure robust control
with the operational space approach. Both the robot
base and end effectors are free to behave
independently and achieve their required inertial
position and attitude as required, while very large
variations are allowed for the payload mass/inertia
characteristics,

Numerical results are shown indicating that the
free flying robot is able to deal with payloads that
vary by orders of magnitude without degradation in
its performance.
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Abstract

TechSAT is an academic program, of the
Technion - Israel Institute of Technology.
Emphasizing new engineering solutions. it will
be a low «cost., 50 kg microsat, sun
synchronized, 3-axes stabilized, nadir pointing
and launched by Arianne as a piggyback.
Actually it is a gyrostat, based on a momentum
wheel, a static horizon sensor, three
magnetotorquers and a 3-axes magnetometer,
all specially designed for TechSAT with total
power consumption <{3W,

The satellite is designed to be released with

unknown attitude and with zero stored
momentum. The wheel is accelerated to its
biased momentum and the body is siowly

controlled to become stabilized. using algorithms
that utilize magnetometer data only, to an
accuracy of 52, which is considered as "coarse
cruise”,

Next, "fine cruise®
sensor and a final
reached.

uses the static horizon
accuracy of 0.1° s

Nomenclature

XTYT.ZT = Trajectory Frame. see fig 1.

¥.0.¢ = Euler angles - yaw, roll, pitch
defined from Trajectory frame. ¥ is
the first rotation and 8 is the third.

3 = The angle between total angular
momentum vector and orbit normal

x,Y.z Body Frame. If ¥y = ¢ = 8 = 0
) then (x.y,2) = (XT,YT,ZT)
i.j.k = unit vectors along x,y,z
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i r'jr r'ﬁzﬁ unit vectors along XT,YT,ZT
Bo = strength of magnetic field on the
equator = 2.22x10-% Tesla
B = Magnetic Field :
= Bypler  Bypdyy t Bzr'kzr
= Byl + By] + Byk
M = Magnetic Dipole resulting  from body
fixed magnetotorquers :
= Mgi + Mygj + Mk
T = External Torque on Body Frame :
= Tyl + Tyj + Tzk
hw = Momentum of the wheel
Wo = Orbital rate
Introduction

This paper is a status report of the design of

TechSAT's  Attitute Control , updated to

September 1991.

TechSAT will be launched by Arianne as a

piggyback. Its height will be 700 Km, in a

circular orbit and Sunsynchronous.

TechSAT is a microsat having a weight of 50

Kg. Dimensions of 45 X 45 X 45 ¢m and

moments of inertia of Ixx = 0.7 Kg'mZ,

lyy = 0.8 Kgm? and Izz = 0.5 Kg-m2,

Designed to be a three axes stabilized

platform , the momentum bias solution was

chosen due to its simpticity.

The hardware includes a momentum wheel, a

static horizon sensor, a three axes magneto-

meter, three body fixed magnetotorquers

and an on-board computer,

Basic requirements and goals are :

1. Full autonomous. Updating once every few
days from a ground station is acceptable,



2. Having body mounted solar pannels, the
total average power will be 15 Watts. 8
Watts are allowed for total house
keeping. That led to the need for smail
size and low power consuming hardware,
The result is new hardware, specialy
designed for TechSAT.

3. Accuracy of 0.5¢9

4. Reduced performance without the horizon
sensor : 5 to 10 deg accuracy.

XT

.....

({111}

Fig 1 :Spacecraft and wheel's fina! orientaion
TechSAT’s attitude control missions:

1. Nadir pointing, three axes stabilized.

2. Wheel and electronics start to operate
after release from launcher. The initial
attitude is unknown . The initial
momentum is approximately zero.

3. Modes of operation defined in table 1,

table 1 : Modes of opration

Name of Hardware Involved Accuracy

Mode “Wheel |magneto | agneto |norizon
torquor | meter sENBROPF
Aquisition-
+ + + + o |00
Loptton t | Mo Y | e
Aquisition-
?:puon 2 + * + 5*+10°
T ! ]
cruise + + * 62+ 10°
Fin o N
® + - + + | <ose
cruise

from table ! it is seen that the spacecraft
has the option to operate without a horizon
sensor.

4, The total allowed power consumption of
attitude control hardware is < 3 Watts.

Sequence of Operation

Step 1 : Immediately after release the bias
momentum is built up,

hy = j‘hw_hms v Ny pins = ~0.6 Nt-m-sec

since the total initial momentum is nearly
Zero

0 = jluyly + hy)

now the initial angular momentum for the
next step can be calculated :

S50, at the end of step 1 the spacecraft has a
high angular momentum :

. [Rad]
wy(0) = -0.75 (s

Step 2 : Aquisition Process, which includes :

1) Removal of body's initial  angular
momentum, wy(0),

2) Pitch axis of the spacecraft is oriented to
be normal to orbit plane with accuracy

of 8 < 10°
3) Pitch angle & will be less than 10°

Step 3 : Cruise :

Two option ~ Fine and Coarse - as stated in
table 1.



The Aquisition Process (Step 2} ;

option I option Il

Compass

16i<102
8 < 1oe

No

Aquisition in 8
with Horizon
Sensor

"Fine Cruise” Using Coarse

Horizon Sensor Cruise

Torques that take a role in the system :

1. Magnetic Torque

T=M2xB [1 Amm2][2.22:10-5 Tesla]

2.22-1075 [Ntm]

g
H

2. Reaction Torque (wheel)
Twhee[ = 0,02 Nt'm (max)

3. Solar Disturbance Torques

T.D_.somr = (Spanei)'(Psolar)’(Lunbalance)
= (0.45)%(4.5:10-8).(0.1)
Tg = 1077 Ntem

4. Gravitational Torques

94

For small angles (Ref [6]):
9 ¢'(lz—ly)
Te= 3wii 8(,-Iy) < 107 Nt‘m
0

S. Disturbance due to Sclar Pannel Currents

Due to parazitic dipoles of the solar pannel :
T.D_.P = 10_7 Nt'm

6. Magnetotorquer Disturbances

Residual Dipole :

Mrestdual = 0.25% of Magae
o = oo MaacBo -

= 82501 Awm?] [ 2.22:1075 Teslal

< 10-7 Nt'm
Careful attention should be given ‘to the
residual  dipole, Otherwise it may become the
largest disturbance torque in the system.

"De-spin” Algorithm

This algorithm is analyzed in Ref[2].

M, = *K'Bn_nrc'asured (n = zy.2) (1)
The Bang-Bang form :
Mp= ~Sign(Bn_measured] (n = rwz) (2)

This algorithm has three effects:

1} Removal of the body's angular momentum

2) Nutation Damping

3) Orientation of the pitch axis to become
normal to the orbit plane.

About the first effect mentioned above Ref[2]
states :

- The Kkinetic energy associated with the



component of & parallel to B cannot be
reduced.
- But fortunately : the direction of B is not

fixed along the orbit.
The net effect : the satellite is rotating once

per orbit about the trajectory pitch axis. (see
fig. 2)

()

Fig. 2 : A possible final situation
from the De-spin algorithm.

resulting

For the De-spin algorithm the contribution

of this paper Is in two points :

1) An analytic proof that only one direction
of the spin orientation is stable.

2) Simulation results with measurement noise.

For the analytic proof a great simplification
of the magnetic field was done . It was
assumed that the magnetic field instead of
behaving as a dipole (which by itself is a
simplification). rotates only once per orbit,
having a component along XT only (fig 3).
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x +B°
By T XT
ZT
X1
Be's

Fig 3 : Simplifted Magnetic Field

E = Ba'ix'r (3)

A further simplification was the small angle
approximation of ¥ and o :
By = —yByxt + Byr + ¢Bar
and by substituting (3)
By = -yB, (4)
Applying the De-spin algorithm along the y axis :
My = KBy = -#Bp (5)

substituting (4) and (5) into
law T =M x B

the physical

Tr =0 and T; = -KB2p 6)
The small angle approximation enables to
analyze roll/yaw effects and pitch effect
independently. Small angle dynamics for x

and 2z axes has the form :

[Tx] - lx'(:-f’ - wgthy'e - hw'i" 7)
Tz [z‘w - Uo'hw'w + hw'(.»

From {6) and (7) a characteristic equation
for the roll/yaw axes (x and z) comes out :

S'I'lx'lz +

Su.KB2 -

$2{Iywohy + Irwohw - h3) -
S:KBiwohy +

wahd = 0



The Routh stability criteria requires :

K>0 (8)
hy € 0 (9
Eq. (9) is actually the proof of the

statement that only one direction of the spin
orlentation is stable. Stability is achieved
when the spin of the wheel points towards
the negative direction of YT.

One can argue about such simplifications of
the magnetic fieid [eq.(3)] on which this proof
is based, mainly because the classical dipole
approach rotates twice per orbit and
therefor Byr is positive in one half of the
orbit and negative in the other. But
according to the simplification of eq.(3)
Bxr is always positive.

The answer to this argument is that the basic
phenomena of spin orientation results from a
precession torque due to the De-spin law and
the rotation of magnetic field. The direction
of this rotation is not important because the
characteristic equation includes B, in a square
form only. It is also unimportant whether the
field rotates once or twice per orbit.

Fig. 4a shows a simulation result of the
system with an ideal magnetometer and 4b
with a noisy magnetometer. both in the
Bang-Bang case. The important point to note

is the fact that convergence time is much
longer in the presents of noise, in the
Bang~Bang case.

"Compass” Algorithm
The following is a simple and straight
forward algorithm that enables to stabilize

the spacecraft in all three axes by magneto-
meter data only.
eq.(11):

damping "compass”

| N |

MB= ~-K ( EB_measur‘ed - BB.,ezpecl:ed ) + CBﬂ_e.rpecceo‘

L bl

magnetometer
data

from a priori knowledge
of megnetic Field model
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where:

By expected ~ represents the three components
of the magnetic field that the spacecraft
"expects to measure with an ideal sensor”, by
assuming that its Body Frame is exactly
aligned with the Trajectory Frame. This
information is further based on an a priori
information of the magnetic field model and
the orbital position of the spacecraft. This
information has to be programmed in the
on-board computer and updated from time to
time.

Bperpectea - is the calculated derivative of the
three components of Bp erpectes -

By measures — represents the derivatives of the
three Body Frame components, as measured
or calculated from magnetometer's data.

[n the practical Bang-Bang implementation
of the compass algorithm the magnetotorquers
are "fired" to +Msat, —Msat or zero. Only
26 directions of Mp geng are possible. The
one resulting with minimum angle difference
relative to the “linear Mg [eq.(11}] is chosen,
Two interesting statements can be discussed
about the compass algorithm :

First, it is apparently a strait forward
dimensional  extension of the
compass. But a question appears
extension is possible, No doubt that in a
static  magnetic field this is impossible
because there will be ambiguity around the
direction of the magnetic field, This
ambiguity is resolved due to the fact that the
magnetic field rotates,

three
classical
if such an

Second, a significant fact appears that this
algorithm is unstable, unless the momentum
wheel is used, designed to point the spin to

the negative direction of y. Other ways to
stabilize the algorithm are a subjects to a
foliow-on research.

The technique to prove the above statement is

stmilar to the one wused in the De-spin
algorithm. B
Again, wusing small angle approximation

together with (3) :

By 1 v -8][Bxr
By = _w 1 @ B"T
Bz g "w 1 BZT

ol



= Boe(i ~ Ju + k®) (12)
from (12) :
B = Bor(- Jw + kd) (13)

from the definition of Bp erpectes and by the
use of (3) :

Eﬂ_expect:ed = i'Ba (14)

ﬁﬂ_erpecced =0 (15)

substituting (13), (14), and (15) into (11):

—

M = -Ke- J9 + k8] + C[i-B,] (16)
From (12) and (16)
T=MxB =
= BRliKA(p0 - dp) - J(KD - C0)
- k(Kp - Cy))
T ~ B2~ J(K-9-C8) - k(K-p-Cy)] (17)

combining (17) with (7) a
characteristic equation comes out :

Sddpl, +

$31,°K-BZ +

S2{1,CB2 - wohe(ly + 1) + hZ) +
S'[-wohwK-B2] +

wohw'(wohy ~ CBZ) = 0

and from Routh criteria :

K?>0
he € 0

(18)
(19)

Eq.(19) is actually the proof that the compass
algorithm needs the momentum wheel for
stability, and that the momentum must be
directed to the negative direction of YT.

Fig. 5a shows a simulation result of the
system with an ideal magnetometer and 5b
with a noisy magnetometer, both in the

Bang-Bang case of the "Compass™ algorithm,
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End of acquisition criteria

At present this has not been completed.
However, it is assumed that this is achievable
from the magnetometer and horizon sensor
data.

Coarse Cruise

Coarse Cruise is actually the same as
compass algorithm. The - only difference is
the control cycle. During acquisition it was
found that control torques have to be updated
once per second. It is expected that at cruise
update of once per 2 or 3 seconds will be
enough.

Fine Cruise

Classical approaches for algorithms that where
based on biased momentum, a horizon sensor

and magnetotorquers included passive,
mechanical, nutation dampers. Stickler
(Ref.[2]) suggested the wuse of the
magnetometer data for this purpose. The

attempt in the TechSAT project is to design a
complete roll/yaw loop by use of horizon
sensor data only. This has not been completed
yet.



Technical Data of Hardware

Horizon sensor {(Manuf. EL-GP)

Features :

- weight { 1IKg

~ power consumption < 1 Watt

- Accuracy + 0.05°

- F.O.V, 4 142

Type : static sensor

Configuration : 4 sensor units at 902 intervals

Function :- detect horizon radiation
profile

Criterion : find angle to 50 Km tangent
height

Spectral range : 14 -16 um

Momentum Wheel (Manuf, IAI/TAMAM)

- Torque range 0 to 0.02 Nm
~ Torque resolution SxNm (12 bit)
- Torque linearity £ 2%

- Torque ripple 10% of applied Torque
with fundamental freq.
of 5760 Hz (1800 rpm}
- Tachometer pulses
per resolution 192 pulses/resolution
- Nominal momentum 2 Nm (1800 rpm)
- Momentum range 0 to 4 Nm at 0 to
3600 rpm, respectively
- Torque transfer
function T - Torque Nm
o - angular

acceleration in ﬁ“iRad
Sec

T = 001 o
- Temperature range -10 to 60 dec.c

- Input voltage to

electronics ? 20 Vdec
- Power P - Watt
w -~ speed Rad
Sec
T -Torque Nm
P = 0.5 + 0,.002w +
Tw
- Mass M < 2.3 Kg
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- Outline dimensions Cylinder: 250 dilameter
60 mm height

Magnetometer (Manuf. [AI/TAMAM)
- Dynamic range + 0.6 Gauss
- Scale Factor 10 V/Gauss
- Zero field output at 25 + 2 mGauss max.
- Uncertainty in axis
alignment + 0.1°
- Evolution of bias in temp + 50 MGauss/°C
- Evolution of SF in temp 4 1%in temp range

- Bandwidth (-3dB) 20 + 100 Hz
- Noise _ 0.1 mGauss

~ Noise Bandwidth (0.01 + 10)Hz
- Operating temp. range -40°C + B0°C

- Power consumption (max) 1 Watt
- Mass 0.35 Kg
- Dimensions 110x35x 35 mm

Magnetotorquer (Manuf. {AI/TAMAM)

- Dipole moment {Am?2)
linear range 1 10

~ Dipole moment [Am?2]

saturation range 1.5 14
- Dipole moment [Am?2]

residual 0.002 0.03
- Length x Dia. [mm] 175x5.3  300x9
- Weight [gr.] core 34 158

wire 10 110

- Power {Watts] 0.1 0.3
Note : The 1 [ Am? ] magnetotorquer is
designed to be in wuse. The other one is
optional.



Summary

In this paper it was proved that there is a closed
solution to a three axes stabilized spacecraft
that operates autonomously, from release
phase, with magnetometer data only, The main
source of steady state errors of up to 52 in the
"coarse cruise” will be the modeling error
of the magnetic field. Adding the horizon
sensor will improve the accuracy to less than
0.5% and eliminate the necessity for magnetic
field updating. The simulations show that
the convergence time is less than 70 hours
in practical noise environment. A major
breakthrough is the advanced control
hardware that enabies to operate the spacecraft
with low power consumption. It is believed
that TechSAT is probably the smallest three
axes stabilized spacecraft with such performance.
Follow on topics will include :

u

Roll/yaw and pitch loops during Fine Cruise
Sensitivity and round off error analysis
Disturbance torque analysis

Magnetic field modeling error analysis
Filters and optimal estimators

End of aquisition algorithms

Suitability for other orbits (lower heights,
smaller inclination)
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ABSTRACT

The most significant events and phenomena that oc-
cured during Ofeq-2 flight are evaluated in this work.
Particular attention will be paid to the physical and techno-
logical factors which affected its orbital lifetime.
Comparison of Ofeq-2 telemetry results with prelaunch esti-
mations, and with Ofeq-1 flight data will be presented. The
satellite, orbit and mission characteristics are first defined
and a description of Ofeq-2 principal systems then follows,
Topics addressed include the interaction between the spin-
ner’s attitude with respect to the sun and consequent
electrical power generation. The coning angle develop-
ment history, the role of the solar data evaluation, and the
factors influencing drag are also analyzed. All of these
affected the Ofeq-2 power outage-recovery event. The orbit
determination and the coning angle evolution estimation
methods used are discussed in some detail. A brief report on
radiation effects on computer RAM is also given. An inte-
grative systems engineering approach summary of the TLM
data reconstruction and analysis concludes this paper.

1. INTRODUCTION

Ofeq-2, Israel’s second R&D saellite, was inserted
into an orbit of 214 km perigee altitude by 1570 km apogee
altitude, on April 3, 1990. Ofeq-2, like its predecessor
Ofeg-1, was designed as a flight test bed to further validate
and demonstrate the satellites’ design as well as ground sta-
tion facilities and operations for future Israeli satellites,

The goals and objectives of the Ofeg-2 flight were to
continue augmenting IAI space technology capabilities and
in particular, to verify two-way communications. Specifi-
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cally, the downlink channel (TLM) and the new uplink chan-
nel (TLC) for sending commands to the saellite. Another
goal was 1o further test onboard systems operations during
exposure o the space environment, especially the new logi-
cal functions for protecting the compuler system against
Single Event Upsets (SEU).

All goals were accomplished very well. However,
the differences in the flight results of the two satellites were
quite considerabie. Remarkably, nearly all of the dif-
ferences appear 1o be due to the growth, or rather the lack of
growth, of the spinner’s coning angle. This factor will be
further reported in some detail.

2. DESCRIPTION OF OFEQ-2

2,1 Satellite Systems Description

The Ofeq-2 satellite consists of the following systems:
Structure, Electrical Power System, Thermal Control Sys-
tem, Orientation Sensors System, Communication System
and Computer System,

Ofeq-2 general characteristics are :

Dimensions : Diameter of the Base - 1.2 meters
Height - 2.3 meters

Weight t 174 kg

Telemetry : §-Band, 2.5 KB/Sec

Thermal Control : Passive, except for the Battery Heater.



Orientation : Spin Stabilized, Passive control,

Orbital Data : 210 km Perigee Altitude
1600 km Apogee Altitude
143.2° Inclination

2.1.1  Structure

A general view of the satellite is shown in Figure 1,
The basic structure is an octagonal truss of aluminum rods
connected by aluminum fittings. The inner shelves support
the satellite sysiems’ equipment. The solar arrays are
wrapped around the sateilite and are attached to the truss
without any load carrying paths. The antenna is at the
lower base of the satellite.
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Figure 1. Ofeq-2 - General View

2.1.2  Electrical Power System (EPS)

The EPS consists of 16 solar panels that serve as the
primary power source, a Ni-Cd battery, a relay unit, a power
control unit (PCU) and a DC-DC converter (see Figure 2).

The mode of operation of the EPS is by charging the
battery via shunt switches controlled by the PCU. The bat-
tery charge controller shorts out any excess power from the
solar panels and then charges the battery directly through the
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main bus. The main bus provides unstabilized voltages to
the DC-DC converter, which in turn provides stabilized voli-
ages to the other systems. The main bus vollage varies in

accordance with the battery state of charge,

Figure 2. Electrical Power System -
Principle of Operation

2.1.3  Thermal Control System

The thermal control system employs both active and
passive means to maintain the proper thermal environment.
The system consists of ; multi-layer insulation (MLI) blan-
kets, thermal paints and coatings, a radiator, insulators and
conductors, Tt also contains barttery active heaters, the acti-
vation of which is performed by the PCU.

A number of thermistors localed in various places
around the satellite provide temperature measurements to be
TLM-transmitted for thermal analysis on ground.

2.1.4  Orientation Sensors System

These sensors provide the raw information used to
evaluate satellite orientation. The pertinent sensors in-
clude : a rate gyro assembly, a magnetometer, and solar
cells arranged to act as a sun sensor.  Additionally, the ther-
mistors provide data helpful in estimating satellite
orientation. The rate gyro system is a three-axis package
which provides angular body rates about the three satellite
axes. This data is used to generate spin rate data as well as
coning information. The three-axis magnetometer is lo-
cated on the top of the satellite and provides data conceming
its orientation with respect to the earth’s magnetic field. It
also enables reconstruction of the satellite’s attitude with
reference to the sun.



2.1.5 Communication System
The communication system consists of two redundant

transmitters and two redundant receivers, an S-Band an-
tenna, and a doubly-redundant clock (Figure 3).

TRANSMISSION RECEWING

2.1.6 The Computer System

The computer system consists of a doubly-redundani
data processing computer, a doubiy-redundant TLM data
storage unit, power units and several auxiliary units. The
functions are implemented on eight PCB cards, The func-
tions are : The TLM memory storage switching logic, the
compuler switching logic, the switching on and off of the
gyro and magnetometer logic, and the swapping logic of the
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The basic plan was to receive TLM for every com-
" munication opportunity and subsequently test the uplink
system. This was done during communications with the
ground station. State vector data was processed during
racking from the ground, and used w0 determine future com-
munication passes. The same data was also used as a
basis for providing orbital lifetime estimations, and to an-
chor our reconstruction efforts.

3. FLIGHT TEST RESULTS

EVALUATION

3.1 Summary of Major Events

The insertion point of the actual orbit was slightly
higher than planned. This caused longer AOS times and a
slightly longer on-orbit lifetime.

The biggest differences between the Ofeq-1 and the
Ofeq-2 launches were : the smaller initial coning angle, the
slightly lower spin rate and the slower growth rate of the
coning angle in the latter case, These factors had a general
impact on the Ofeq-2 flight. Figures 11 and 12 show both
the Ofeq-1 and Ofeq-2 coning histories, See Reference [1]
for Ofeq-1 flight evaluation.

During Ofeq-1 flight we had expected to arrive at sun
angles with respect to the solar panels which would result in
a loss of power or a power outage after about 30 days. This
did not occur. However, this power outage did eventually
occur on about the 30th day (May the 2nd) on Ofeg-2. The
reason was due to the low coning angle values during this
period. On Ofeq-2, the coning angle at the time of the power
outage was about 7.6%, whereas on Ofeg-1, after the same
time on orbit, the value was approximately 70%. At this
time, the angle between the angular momentum vector and
the sun vector on Ofeq-2 approached zero, with the sun
pointing at the tail. This was crucial to the electrical power
outage and led to several phenomena, observed in the
Ofeq-2 flight, that the large coning on the previous flight had
prevented :

(i) Both satellites started spin-stabilized, but the transition
from a spin-stabilized condition about the minor axis to
a flat-spin tumble ocurred much later on Ofeq-2,

(iiy High temperatures at the rear of satellite and cold tem-
peratures at the top.

(iii) Power outage and recovery.

Only the detection of the SEU's and one latch-up phe-
nomenon were not related to the coning,

Until the outage, all systems operated as expected and
all tests wene accomplished satisfactorily. Special tests to
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detect single event upsets (SEU*s) were successful, as were
the TLC uplink tests. Analysis of the results from’the mag-
netometer and rate gyros indicated performance conforming
with specifications. It is this first part of the Ofeq-2 flight
experience that may, in the authors' opinion, deserve the
notice of the space community.

3.2 Orbit Determination Module

32.1 Trajectory Generation

Trajectory generation (position and velocity) is per-
formed through integration of the otbital equations of
motion. These equations are expressed in terms of the rec-
tangular components of the perturbing acceleration vector
acting on the satellite. The perturbation model includes the
effects of a point-mass earth, the 6th order zonal harmonics
in the gravitational potential, and drag. High-precision
Gauss-Jackson type numerical integration was used for solu-
tion of the equations,

3.2.2 Observations Modeling

An orbit generator computes simulated observations of
the satellite from any specified tracking site. The simulated
data (radar range, azimuth, elevation and Doppler) are
generated for specified observation intervals and sampling
frequencies. The generator has the capability to simulate
the effects of atmospheric refraction and modifies the obser-
vations according to these effects, Modeling of the
observations also includes calculation of the observation ma-
trix, which contains the partial derivatives of the computed
observations with respect to satellite initial position and vel-
ocity vectors.

323 Estimator

The purpose of the estimator is to estimate the satellite
orbit and associated parameters. Our estimation used the
Differential Correction Algorithm. This algorithm mi-
rimizes the sum of the squares of the weighted residuals
between actual and computed cbservations while simulta-
neously constraining the state to satisfy an a priori state to
within a specified uncertainty. The iterative estimation
process differentially corrects the estimated variables and
ultimately determines the weighted least squares solution,

Then the mean and covariance matrices are deter-
mined for the estimated variables.



3.2.4 Results Estimation and Prediction

During the Ofeq-2 Lifetime, the ground tracking station
measured the satellite range, radial velocity (Doppler), azi-
muth and elevation, These data were used to estimate and
then to predict its orbit. The results of the orbit prediction
errors for one and eleven passes forward are summarized in
Table 1.

Table 1. Results Estimation and Prediction

Type of Error Prediﬁition Emor {meters]
for 1 pass for 11 passes
Radial 50 - 400 150 - 650
Along-track 50 - 1600 2000 - 14000
Cross-track 10 - 500 150 - 650

3.3 Orbit and Orbital Lifetime

33.1 Summary

‘The kinematical lifetime of the sateltite was calculated
before the launch, immediately after injection data was ob-
tained, occasionally during the stay in orbit and extensively
towards the fall. Before the launch we forecast that for a
nominal injection, the satellite would revolve for 54 days.
Shortly after receipt of the injection data, the central vaiue
was changed to 57 days. The uncertainty due to the solar
data was assesed as 10 days.

Actually, the satellite’s lifetime in orbit was 98 days.
The date of impact was evaluated, towards the end, as 9th
of July 1950 02:45 UTC with an uncertainty of 45 minutes.
The location of impact was correspondingly estimated as
10°N latitude and 160°E longitude. This is shown in Fig-
ure 5, where the ground track of the satellite for the last three
revolutions is depicted. The uncenainty corridor of impact
is also given in this figure.
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Figure 5. Ofeq-2 Ground Track for the Last Three Revolutions
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Our re-entry forecast was confirmed by data recieved
from NORAD. According to them, the location of impact
was 2.8°N latitude and 151.1°E longitude.  As for the date
of impact, their last value was 9-JUL-1990 02:53 UTC with
an uncertainty of 6 minutes.

3.3.2  Evaluation of Orbital Data

and Reconstruction

Towards the end of life, and after the satellite fall, a
reconstruction of the orbital history was done. In doing so,
we assesed the reasons for the initial discrepancy of the
lifetime calculations and give them here as follows :

(i) Deviation of Solar Data

The actual average solar flux during most of the satel-
lite’s lifetime was lower even than the -2¢ line of con-
fidence for the 22nd solar cycle. The solar flux
(F10.7) statistics are shown in Figure 6, and the known
meonthly averages of the solar data as used in the rec-
onstruction are given in Table 2. Note that for the
started solar cycle, the statistics are calculated for the
collected cycle data and this narrows the uncertainty
band compared to, for instance, the global statistics.
The uncertainty that we used initially was the narrower
one. The conclusion therefore for short lifetimes, as in
our case, is to use the global uncentainty limits.

00,

DEWOTES ACTUAL OATA

DEWOTLY PAKOICTED DATA
DAMGTES + I S10MA DATA
DEWOTES ~ 7 FTGHA OATA

Loaalean]

250,

b CONFFICTEWT LINEAR MONEL UZHIG CTCLE 1 TGN 21
FAOM FOINT  OF

1
T TEDICTING cTCLRE I1 A -
DATA ", O +lo

A ~
A I
)

B

200.

a* j \

OLOBAL
Fi

( .
‘/‘\ 3, L
\\-v‘_ o, \/j\#

100. LN

il

I 2
74

A
3

\\ I, AY
7 N VAl
h A

Lo

50,

-~ .\'"
J=-

[ETTINTITY FRTTECTRTY CTITICONTASTSRINTITLINITUNAT]

L8067  LOES. T A980.T  1EPR.T  1ENALT  LINELT ISRALT 10087 EOOE.T 094 . T1604.71E00 Y

Figure 6. Long Range Estimates of Smooth 10.7 cm
Solar Flux for Cycles 22 and 23
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Table 2. Ofeq-2 Drag Reconstruction Data_

DATE Drag Average | Daily Ap

D:M:Year | Correction | F10.7 F10.7 | Magnetic
Factor Solar Solar Index
Flux Flux

01:4:1990 | 0.6 1848 | 1848 249
01:5:1990 | 0.6 1868 | 186.8 17.6
16:5:1990 | 0.95 1868 | 186.8 176
02:6:1990 | 0.945 1688 | 168.3 16.0
19:6:1990 | 0.935 1688 | 168.8 16.0
23:6:1990 | 0.865 1688 | 168.8 16.0
26:6:1990 | 0.885 168.8 | 168.8 16.0
28:6:1990 | 0.86 1688 | 168.8 16.0
01:7:1990 | 0.88 2008 | 2008 16.5
06:7:1990 | 0.925 2008 | 200.8 16.5

(ii) Deviation of Cross Sectional Area

Due to the slow coning development, the satellite cross
sectional area was not the random average that we had
initially used (2.1 sqm). The area development, ac-
cording to the dynamics reconstruction (section 3.4.2)
is shown in Figure 7. As for the start of life, the aver-
age is lower than the value used, but no distinct con-
clusions should be drawn since a correlation with the
perigee times of the orbit was not done. However, at
the end of the life, the average and minimal areas are
higher than the value used. This trend is consistent
with the orbital reconstruction data given in Table 2.
In this table, the correction factor for the drag is higher
towards the end of life. Note that this factor also
corrects the Cd coeficient,

(iii) Deviation of Cd

The dynamical reconstruction had shown that this
coeficient should be nearly 1.7 instead of the initially
used 2.3 value, The fit for Cd and CG is given in
Figure 3.

Measured and reconstructed semi-major axis orbit par-
ameters are given in Figure 9, The reconstruction was done
by using the monthly average solar data (F10.7 and Ap
indices). The global usage of cross-sectional area and Cd is
corrected by a common factor, All the parameters are
given in Table 2, and are used at time break points.
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As was pointed out above, the deviations of the area
and Cd as analysed dynamically are roughly consisient with
the overall factor needed to reconstruct the actual orbital
history.

3.4 Dynamic Behavior

34.1 The Dynamic Model

The torque-free attitude motion of a rigid axi-symme-
trical body may be described as a superposition of spinning
about the symmetry axis at a constant angular velocity, and
precession of the symmetry axis about the inentially fixed
angular momentum vector at a constant rate and a constant
nutation (coning) angle (see Figure 10). This simple con-
ing picture is basically valid for Ofeq-2 with a spin period of
about 1 second, and a precession period of about 3 seconds.
However, small environmental forces generate perturbing
torques on the satellite that lead to a relatively slow variation
in its angular momentum. For low earth-orbiting sateilites
the major perturbation is due to aerodynamic forces. For
Ofeq-2 at the perigee ahtitude of about 200 km, the aerody-
namic moment is of the order of magnitude of 10™
Newton-meter. Since the angular momentum is about
200 Newton-meter-second, the direction of the angular
momentum changes by less than a microradian per second.
Thus, the dynamics of a spinning satellite like Ofeq-2 are
characterized by two widely differing time scales : the short
time scale of body rotations and the long time scale of angu-
lar momentum variation. Because of the fast rotations, the
short period variations in the perturbing torques are averaged
out, and the angular momentum is affected by the average

torques only, -
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It can be shown that for an axi-symmetrical rigid body
the average aerodynamic torques are perpendicular to the
angular momentum. Therefore, they affect only the direction
of the angular momentum but not its magnitude. Also, the
angular momentum component along the spin axis remains
constant due to the symmetry of the body. Hence, the nuta-
tion angle of a rigid body is not affected by the aerodynamic
torques. However, the satellite is not a rigid body and since
it is spinnig about a minor inertia axis, the nutation angle
grows due to internal energy dissipation.

The above model provides our basis for the orbit and
attitude dynamics simulation. First, the aerodynamic force
and torque are integrated over one precession period for
inertially fixed angular momentum and constant coning
angle. Then, the motion of the angular momentum and the
orbit decay are obtained by integrating the average force and
torque. Finally, the coning angle is updated according to
the time evolution curve that is obtained from the energy
dissipation model.

34.2 Dynamics Reconstruction

In the process of dynamics reconstruction, first the
energy dissipation model is adjusted on the basis of TLM
daua to fit the nutation angle growth. Then, the drag coeffi-
cient, Cd, and the distance of C.P. from C.G. are derived
from the TLM and tracking data. The drag coefficient is set
to fit the semi-major axis decay, then C.P. is set to fit the
motion of the angular momentum vector.

This data is further used in the dynamic simulation of
the satellite to predict the future attitude and orbital condi-
tions. Figure 8 gives the result of a typical forecast, and how
it compared to actual data. ‘This simulation and the electri-
cal power simulation provided the expected onset and
duration of the power outage.

3.4.3 Measured Data from TLM Processing

Data was regularly received from the orientation sen-
sors, and processed. This data is shown in Table 3, and
consist of the coning angle, angle between the sun and the
angular momentum vector, plus the location of the angular
momentum vector in the inertial frame (X to vernal equinox,
Z along the North pole) in terms of declination and right
ascension,

Table 3. Mission Dynamical Parameiers Reconstrustion
Using Magnetometer TLM Qutput

TIMEDY [DATE [ORBIT| LATH| SPIN [TRAVEL |CONAND | CONANG
Ne. RATE | RATE | GYRO MaN

1 5.4 0 |-10.20(123.50|38s.2) 0,77 0,44 0.34 (110,80 s,
) T4 " «5.101127 40 (263.4) 1,17 0.84 0.%¢ {11).00] 19,
1 L 4 «4.301127,40345.3| 1.4 0.45 0.40 [21).00] 190,

12 15,4 1% &9.30 (124,30 |382.2] 2.08 1.86 1,34 ?1.00) 1p4,
13 16.4| 200 41.74115.30 |3s2.0| 3,00 1.0 1.57 41.00f 193,
15 i0.8) 119 IP. 60| 75.70)360.4( 4. 20 1.10 1.7 él.00f 1¥y,
¢ 19.4] 102 40| ér.70dev. 0] 4,04 1.50 1.t0 $2.10| 1e3,
17 0.4 240 43.56| s 402374 4.2 1.70 1.3 47,10 12,
1 1L.4| 278 3177 7390|3048 ] 3.0 3. 10 200 45.30) 19},
i 21,4 193 14,04 7o saa8r.1| 420 J.ae 1.9} 330 avX.
i0 3.6} 2 21,78 TEAT|IS7.4| 4. 04 3.0 .10 €5.14 | 192,
b1 14.4| 32y e.78) 72.740088.85| r.oa 4,10 .04 40,30 1r1.
12 5.4 287 TINBE TRAV(D%6.2] Y.02 L 1.4 r.30] 1r1,
13 14,4 352 17.82| *r.23|335.9| #,0¢ 5.00 .34 41.00] 11,
HL) 27 .44 34l 11.51| 7e.76(354.7| 9.97 §.50 “©rn 0. 02 191,
% 18.4f I3 14,09 45.43)3%3,2 (10,03 .98 $.17 10.95] dveo,
é 9.8 2re 10.1%] r1.87a8y.2 12,22 4.50 &, 0% 34,83 1re.
17 0.4 418 FI.0L] $7.78 (381,08 ]11.90 7.10 LT L 1r.40( 1v0.

EX ] 1.5| 4)0 1v.43| 4r.00|3%0,0|11.98 T.81 LS | Ir.50| 1er.

TIMEDY -
LATHI- See3.4.3 [deg)
LONHI- See3.4.3 [deg]
SPIN RATE-  Spin Rate in body axes [deg/sec)

TRAVELRATE- (TRANAN}) Transversal Angular Velocity in
Body Axes [deg/sec)

CONANG- Nutation angle, Sy [deg]
MGN- Magnetometer

H2SUN-  Angle between angular momentum and sun vectors
[deg)
ANGMOM-  Angular momentum [New-m-sec)

Time [day)
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3.5 Estimated Coning Angle Evolution

Our only previous "hands on" experience with coning
was from Ofeq-1. That, as was mentioned earlier, grew
quite rapidly. However, we assumed that since the satel-
lites were very similar, the coning characteristics of the two
should also be quite similar.

In order to better understand the coning process that
occurred on Ofeq-1, a dynamical model was developed to
simulate the nutation growth in a simple spinner. The
simulation includes the essential elements to account for the
internal energy dissipation in Ofeq sateBites.

The model developed simulates the increase in the
transversal angular velocity up to flat-spin and the corre-
sponding decay of the spin rate. 1t is expressed in the body
axes of the satellite. The model simulates a simplified

sloshing mechanism in one or muitiple tanks {compare with
Reference [2]).

The model uses the following equations of motion:
P=-1/L[li(qé-ri) (1

4=-1/L[(L-ly)rp+L(a-ép)] )
P=-1/Iy[(I-L)pg+L(E+ap)] 3)
i=-1/IRFa+kpe +2M®R*+2ZHY @)
=-1/IRFié+upk +2MR*+ZHi]  5)
Where: Ir=2M,R?
P - spin axis angular velocity
q.r — satellite transversal angular veloc-
ities
a,e ~ imaginary angular displacement co-
ordinates of liquid movement in the
XZ and YZ planes
Fa — linear coefficient of viscous friction
M, — lumped liquid mass within a spheri-
cal tank
R — gyration radius of My
In, 1y, Iz — satellite’s principal moments of iner-
tia
Ze - distance parameter,

The simulation complied with the conservation of the
satellite model's angular momentum o about 0.1% from the
initial nutation angle up to flat-spin conditions. Also, for
Zc = 0, and throughout the range of nutation angle up to 9%0°
{flat-spin), the kinetic energy loss of satellite plus liquid in

-the model, was equal to the energy dissipated within the -

viscous dampers.

12

Up to nutation angles, Opu = 157, the dynamical pro-
cess fits nicely with the energy sink approach,

Bnuez / Bnuet = Exp (At / tour)

with Taw, the time constant of the coning angle
growth, increasing slowly.

Tnut can be expressed in the following form :
o=l [ (Ta/Ix ) - 11 9% e / Edissipation
Where E is satellite’s kinetic energy.

Equation (6), when applied to telemetry received from
Ofeq:2, resulted in 142 < Tt Reve) < 184, with® qu; in-
creasmgﬁ'om 0.4° 1o about 7.6° at the end of the first month
in orbit.

Adjusting the full model to the different initial condi-
tions of Ofeq-1 and Ofeq-2, similar forecasts were made
based on the TLM recorded conditions of both satellites.
This is shown below in Figures 11 and 12, for Ofeq-1 and
Ofeq-2 respectively.

(6)

3.6 Thermal and Power Correlations

3.6.1 Thermal Data

Temperatures were, as expected, mosily high in the aft
section and low in the front section. Further increase and
decrease in temperature as the sun pointed to the rear of the
satellite did indeed occur, just as originally expected.
Figures 13 and 14 show the front and aft cover temperatures
of the satellite. The low temperanmres to which the magne-
tometer was exposed could have caused problems, since
they exceeded the recommended operating limits, as shown
in Figure 15. Even so, perfomance did not really degrade.
However, a significant drop in temperature did occur when
the battery temperature dropped just prior to the power out-
age. This data gave us the clue that the battery state of
charge had dropped to 70% or less. When fed into the EPS
simulation, it gave good initial conditions for estimating the
power balance situation, which in turn allowed us to make
preity accurate estimations on the power outage and return,
especially in the reconstruction of the return to power,

3.6.2 Electrical Power Data

The above discussion describes the state of the battery
charge and the overall balance prior to the power outage.
However, up to the time of the drop in battery temperature,
the orbit-by-orbit power balance was as expected, and per-
formance was according to design specifications, The
battery voltages and solar array currents (Figures 16 and 17)
also indicate the drop in voltage due to the low charge cur-
rents.
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The EPS balance for the power outage was recon-
structed by simulation, using the forecasted attitude from the
above- menticned dynamics simulation, the expected satel-
lite temperatures, and the sun angles as related to the solar
panels, The measured voltages and state of charge at the
times of the battery temperature drop were used as input for
the EPS balance simulation. The simulation then estimated
the times of the loss and rewm of power to an accuracy of a
few hours.

The electrical power outage which occurred during the
night of the 1st and 2nd of May 1990, was due to low sun
angles relative to the solar panels. As the saellite slowly
changed its orientation, the sun angle increased and the elec-
trical power was finally resumed on the 8th of May 1990,



A computer simulation of the EPS was done for a period of
two weeks, starting April 26th, in order to examine the event
of power outage and recovery in real time while it was
occuring in orbit,

3.6.3 EPS Simulation

The EPS simulation consists of three modules :

(i)  Solar panels simulation:
This computes the work point on the I - V curves of the
solar cells according to their characteristics, voltage,
temperature and angle to the sun. The output of this
module is the current (and power) generated by the
solar panels as a function of time.

(ii) Battery simulation:
This consists of voltage profiles as a function of
charge/discharge current, battery temperature and bat-
tery state of charge/discharge.

(iii) Electrical power consumption:

This consists of a table of power consumption by all
pertinent satellite operating systems, as a function of
time. The inputs to this simulation were : the angle of
the sun, the coning angle, the length of satellite day,
the length of eclipse, the battery temperature and the
average temperature of the solar panels.

3.6.3. EPS Simulation Results

Figure 18 describes the simulated electrical balance for
the period April 26 10 May 10 1991, The upper part con-
sists of two graphs: Power generated and power consumed.
The power generated varies from 120 wauts to 155 watts at
time zero, The reason for the power variations is due tw the
sun angle variation with respect to the solar panels as a resuit
of the satellite coning. The power generated drops to zero
during the eclipse. The power consumed is given one con-
stant value during the satellite day (51 watts) and a lower
value during eclipse (48 watts),

The lower graph in Figure 18, describes the state of
charge in the battery. The battery is discharged during
eclipse and charged during the day. However, starting
from zero time, the power generated is not sufficient to fully
charge the battery during the day, thus causing a slow over-
all discharge. During actual satellite operation, the power
generated changed slowly as the sun angle became lower
and coning increased, until, finally, the battery was fully
discharged on May 1, 1990 at 17:00 (see Figure 18). The
battery’s full discharge lasted until May 8 1990 after 12:00,
even though adequate power had been available from the
panels for the past two days.
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Figure 18, Electrical Power Reconstruction
26th of April to 10th of May 1990

The reason for the battery not being charged even
though the solar panels generated an average of 100 watts on
the 6th of May, had to do with the end-of-charge mechan-
ism. The power control wnit (PCU) controls the end-of-
charge by reducing the charge current as the battery voltage
increases due to increase of the state of charge. Since the
battery temperature was much higher than planned, the PCU
stopped battery charging much too early. Thus, the battery
charge resumed only two days after sufficient power had
been generate. The battery temperature drop indicated that
the charge had been reduced to the 70% level,

3.7 Radiation Effects

Ofeq-2 was equipped with a detection mechanism ca-
pable of monitoring SEU and latch-up events affecting the
computer’s RAM. During the flight, twelve SEU events
and one latch-up were detected. Most of the events ocurred
during the satellite’s passage in the South Atlantic Anomaly
zone of the Van Allen radiation belts and a few occured at
undefinable times and locations,

The recurrence of the SEU events is in agreement with
the calculated predictions, Just one SEU event ocurred out-
side the South Atlantic Anomaly, It is presumed o have
happened because an especially energetic particle of galactic
radiation origin penetrated the satellite, Qur predictions
did not foresee such an event and the fact that it did occur
may mean that such highly energetic particles are more pre-
valent than expected outside the belts region,



4. SYSTEMS RECONSTRUCTION
APPROACH

4.1 Introductory Remarks

The approach described here and altuded to above is
the classical or traditional one, used in space systems oper-
ation for years, not always with complete success.
However, in the case of Ofeqg-2 it worked well, as it usually
does when the data is known. It simply integrates several
disciplines to yield a more complete picture of what oc-
curred. Figure 19 depicts the procedure and processes
vsed.

TELEMETRY TRACKING DATA
rRow OFEQ | _|
(ATITUDE DETERM) {ORBIT DETERMIN)
TIM PROCESSING CRBITAL STAYE
VECTORS
ELECTRICAL VEHICLE DYNAMICS
SYSTEM STATE VECTORS
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OFEQ ¥ . ACTIVITY
| | s | [HORA)
—> ELECTAICAL  <——] OFFEQ DYNMECS
MODIFY ANGLES | MoDIFY BALLISTIC
VOLTAGE PONER SIMULAYION SIMILATION < FACTOR
™™Es | l '
ELECTRICAL POWER RECCNSTRUCTED ORBIT

BALANCE STATUS AND O?IMATION

Figure 19. Orbit and Attitude Reconstruction Process

The major factor governing the behavior of Ofeq-2
was the slow growth of the coning angle compared to
Ofeq-1. Given this condition, and the fairly predictable
precession of the satellite in the orbit plane and the even
better known position of the sun, the results are no less than
expected. However, integration of disciplines was re-
quired, as described in previous sections.

4.2 Steps in the Procedure

TLM data was processed vielding satellite orientation
data, temperatures, power system currents and voltages.
These data also provided a preliminary check against red-
lines. Tracking data was concumrently processed and
orbital state vectors were generated. Solar activity data
was updated as fast as possible.

Measured orientation data was supplied to the dy-
namics simulation, which then, after generating the

complete dynamics forecast, checked the orbital data against
measured state vectors. The best available solar data was
then input to the simulation and the measured orbital data
was reached against the predicted. Then the Cd multiplied
by the reconstructed satellite cross sectional area term was
varied until the orbital and attiyde data matched. This is
somewhat iterative, but seems to work well. After the atti-
tude data is fit as well as possible, it becomes possible to
evaluate the Cd or biases in our models.

Once a good fit is available, the Electrical power simu-
lation is fed data on orientation angles and orbit in-order to
construct the environmental conditions for the solar panels
and the battery. This was then matched against the EPS
currents, voltages and biases measured in the preflight or
ground testing, and the biases in the simulation,

This data and approach was used to generate the re-
sults shown above for orbital lifetime and the time for power
off-and-on-again. Since the fit between simulated and real
data during the mission and afterwards was close, the ap-
proach was successful in deciphering observed anomalies.
It also explained the occurrence of the key events and pretty
successfully estimeted the lifetime of the satellite.

5. CONCLUSIONS

The Ofeq-2 mission accomplished its goals and re-
vealed important factors to be considered in the design of
future IAI satellites. To name just a few : Design for
solar activity uncertainties, Protection of the satellite com-
puter against radiation, Preparation for power outages and
their effects. Of no less importance was the successful
space worthiness testing and approval of systems and com-
ponents, manufactured by IAI,
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Abstract satellite. Using c¢ylindrical and polar
coerdinates the position of the surface
elements are defined with respect to the

The motion of an artificial satellite geometric center of the satellite. The

about its center of massa is studied iluminated surfaces of the cylinder
considering torques due to the gravity satellite are a circular flat surface and a
gradient and direct solar radiation portion of the cylinder surface. The
pressure. A model for direct solar components of the torgue are obtained in

radiation torque is derived for a circular the principal axis of inertia and expressed
cylinder =satellite. An analytical solution in terms of the Andoyer’s variables.
is cbtained by the method of variation of Shadow & effects are not considered in this
the parameters. This solution shows that paper. The derived general expression for
the angular variables have secular the direct solar radiation torgue can be
variation but ., the modulus of the used for any shape of satellite, however
rotational angular momentum, the projection the integration of the function depending
of rotational angular momentum on the on the elements of the surface become more

zZ=axis of the mcoment of inertia and complicated.

inertial axis =z, asuffer only periodic

variations. Considering a hypotetical

artificial satellite, a numerical The Lagrange s method of variation of
application is exhibited. parameter is applied to obtain an

analytical solution for the system of

equations describing the rotational motion,

1. Introduction The solution is analysed in two ways: first

the mean equations are obtained and the

solution of these equations are shown then,

The object of this paper is to analyse we apply the method of sucessive

the influence of the torgue due to the approximation in the initial system of

direct solar radiation pressure on the equations and another solution is obtained.
rotational motion  of an artificial
satellite. Gravity gradient torque is also

considered and Andoyer s variables are used A numerical application is dane to

to describe the rotational motion. Solar analyse the magnitude of the torques

radiation pressure torque is considered of considered.

gecond order with respect to the torgue
free motion and first order with respect to

gravity gradient torque [2]. 2. Solar Radiation Pressure Torgue Model
Ruler”s angles have been used to study The light pressure is created by the
the influence of the aclar radiation continuous impingement of a stream of

pressure torque on the stability of the photons upon an intercepting surface. The

rotational motion of artificial satellites total change in momentum of all photons

[3: 8, 9, 10]. striking the surface is the sclar radiation
force and this force produces a torgue in
the satellite.

In this paper a model for direct-sclar

vadiation pressure 1is derived, using the

general expression given by Georgeovic [5] The free space intensity of the solar

and reviewed by Tang [11]. Coefficients of radiation per unit area, per unit of time,

specular and difuse reflection are assumed at the Farth’s mean solar distance (ap, =

distinct for the various surfaces of the 1.496x 108 km) is known as solar constant

satellite and a general expression for the radiation (S, ). With sufficient accuracy

torgue is computed for a circular cylinder we may take {5 :
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8 = 1,353 x 105 wWatts m~2

(o}

{1

If the phenomenon is congidered over
time period, it is necessary to
include the change in the distance between
the Earth and the Sun. In this paper the
Earth-Sun distance is considered constant.

long

The intensity of the solar
flowing per area, per unit of
distance R, can be given by

radiation
time, at

s a
S =38 (—9-)2

o 'R (2}

When the solar radiation flowing meets

perpendicularly the surface of a body , the
radiation pressure is given by :
5 K
p==== (3)
c R2
where ¢ is the liyht“s speed and K assumes

the value [5]

K =1.01 x 16°7 kg m 51 (4)

According to Georgeovic [5] the solar
radiation pressure torque is given by

ﬁ=-(:—2) [[ %% [stey s+

b cos @ 4] ds (5a)

where:
1) R is the Sun-satellite distances

2) T gives the position of the surface
element dS with respect the mass center of
the satellite:

3) A is a unit vector the outer

nermal;

along

4) 6 is a unit vector along the direction

of flux;

5) cos 8= G . A (5b)
2 2

6} B{9) = 3 (1-8) cos@ + 2 By cos®® (5¢)

In this paper it is assumed Lambert s law

for the diffusely reflected photons.

7} b =1 -8 vy {5d)
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8) 8 and Y are,
coefficients of
reflection,

the
difuse

respectively,
gpecular and

In order to compute the general
expression (5) it will be considered here
an  artificial Earth satellite of circular
¢¥lindrical shape, in an elliptical orbit.
Moreover the following simplifications wilil
be made:

1) the direction of the solar flux is given
by the apparent motion of the Sun with
respect to the EBarth:

2) the Sun-satellite distance is constant;

3) the coefficients of specular and difuse
reflections admit constant average values.

The 1inertial system congidered is the
Equatorial system with unit vectors 8,18,
éz « The direction of the solar flux "is
gtven in function of the right ascension
{ g } and declination { GS) of the sSun.
Therefore:

U=cos §5 cos ag &, + cos & sin o, &

b4
+ sin 84 &, {6)
The components of the solar radiation

torgue will be expressed in the system Oxyz
of the principal axis of inertia of the

satellite with units vetors &,, Eyr &5.

The
to the

position of this system relative

inertial system is defined by

matrices whose elements are function of the

Andoyer”s variables ( 1. , Ly ), i =1,2,3
1] defined in figure (l}.

Therefore the direction & in the
principal axis of inertia is given by:

b=u, &, + Uy &y + v, &, (7)
where Uy +Uy + U, are functions of 1, J,
gt ds and li’ where i = 1,2,3,

The iluminated surfaces of the
cylinder satellite are the circular flat
surface {A1) and the portion of the
cylindrical “surface (A3} limited between
{h - 90°) and (90° + X)), as showed 1in

figure (2). The parameter is defined by:

1)
tg A = —% {8)
Uy
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Figure (1). Andoyer’s Variables

(li ' Li Yo 1 =1,2,3,

being
ces J = L1/, and

cos 1 = :.3/L2 .

direct solar radiotion

L

- The iluminated surfaces
of the cilinder satellites Ajand Aj.

Figure (2)

For each surface, the vetors n and r
can be expressed in cylindrical coordinates
in the system of principal axis of inertia.
Thus; -

A) Surface Ay

1 z
-
r

1]
[
Q
Q
]
=
™m

1 X b4

with:

0 < asg 2n and 0<s<g
where h and are respectively the height
and the radius of the cylinder.
B) Surface A,

ﬁ2 = cos @ éx + gin ¢ éY (10a}

-+ a~ 'Y -~ -~
r, o(cos & & + sin @ &) + 2 &,

with 1

A -90° 292 90 + A

- h/2 £ 2z £ h/2

Thereafter, if circﬁlar cylindrical
satellite is considered, the. solar
radiation pressure torque is given by :

G 2T 5
b= - k/e) Cf [0 [myten) By x By o+

b, cos 6, ;1 x 3] & du As +

M
90+ J’h/z (3,050 ¥, x B, +
~(90-X)-n/2 _
b o, T g }
2 €08 0, £y x 8] ¢ dz do (11}
where :
Bi(ei) = {2 Yi/3) (1 - Bi) cos Qi +
2
2 Bj Yj cos Qi {12a)
by =1 -8, v4 (12b)
i=1,2

Here, B and y; are respectively the
coefficients of specular and difuse
reflection of the surface Si .

Substituting the expressions (7), (9}
and (10} 1in the eguations (11), and then
integrating, the following expression for
the soclar radiation pressure torque (for
circular satellites) are obtained

- - -

Moo= My 8 + My & (13)
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where :

My = - ®m o, U, {l4a)

My = m uy uy {14b)
with

m= (k/R%) (n a® h/2) (B, v, - B, ;)

Equation (13) shows that the

components of the solar radiation torque in
the principal z-axis is zero.

3.Equationa for the Rotational Motion

Considering the gravity gradient
torque and the torque produced by direct
solar radiation pressure, the equations for
the rotational motion can be put .in the
following form:

dal,

i _ arF
—d-—-t——-—rL-i—"'Pl (155)
4aL

i -oF

T §T; + 5 (15b)

i = 1,2,3
where
1} 1, and L, are the andoyer’s variables

i i
(1]

2) F is the Hamiltonian for the

conservative problem. It will be considered
in the Hamiltonian terms up to the order of
the inverse of the cube of the distance
from the center of the mass of the
satellite to the Earth’s center of mass.
Also, terms to the order 2 in excentricity
were considered. Therefore the Hamiltonian
F ¢an be written in the following form [7]

F = FO (Ll‘ [.-2.' L4) + Fl (lil Li) (186)
i=1,2.,.6
where:
_ 11 1 2
F, = 172 {[—--EK--Z-E]L1+

(17a)
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} (Lg - Lf) cos 2 14

7 . ;20 -A-B
a ) L= 50,0

A - B

e (1,00 ] (17b)

i= 1{---:6

and

a) M is the mass of the satellite;

b} W is the product of the gravitational
constant by the mass of the Farth;

¢} A, B, C are the principal moments of
inertia of the satellite ( for cylindrical
satellite A = B and the Hamiltonian F isg

simplified):

a} 1; and L4 represent the

Delaunay’ s
variagles for 3 = 4,5,6;

e} £y and f; are functions of the marked
variables. These functions, expressed in
terms of the mean anomaly, are shown in

Zanardi [15].

the solar
Vilhena de

3) P; and 33 ., coming from
radiation, are presented in
Moraes [14] as follows :

1 x
Py = L, sin g ( My 08 1y - My sin 1,)
P, = - (MX/LZ) { cotyg J cos 1, + cotg 1
[cos 1) cos 1p - sin 1 .cos J sin 1]}

+ {MY/Lz) {cotg J sin 1 + cotg I

[sin 1, cos 1 cos J + cos 1, sin

ll] }

- (Mz/Lz){ cotg I sin 1, sin J )

P, = 1

37 ein 1 (M [eos 1y cos 1y -

sin 11 sin 12 cos J] - My [sin 1,
cos 1

ot cosll gin 1, cos J] +

2

My sin 1, sin J}



Sl = My

= MZ cos J + Mx 8in J s8in 1l + MY

8in J cos 11

S3 = Mx {sin I cos 11 sin 12. + 3in 11
{cos I sin J + 8in I cos J cos 12)}+

2 sin 1l + cos 11

[cos I 8in J + sin T cos 1, cos J]} +

{-~ 8in I sin 1

My {cos J cos T - gin I sin J cos 12}

{18)
where:
a) My: My M; are the components of the
solar radiation pressure torque M,

expressed in the principal axis of inertia
system of the satellite;

b) cos J = L1/L, (19a)
c} cos I = L3/L2 {19b)

It worth to mention that if the
shadow’s effect is neglected, F and Q¢ can
be included in the Hamiltonian.

Now we will solve the sgystem (15),
applying Lagrange’s method of variation of
parameter.

4. Integration of the Equations of Motion

Using Hori”s methed [6], the solytion
of the system (15), when P; = Qi = 0, was
obtained by zanardi [15] in the “following
form:

Li =LI +5Li

(20)

u
1i = li +ngto+ Gli

i=1.2:3
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where
* *
a) L; and 1, are constants;
b} SLi andﬁli are periodic funtions
c} ny = Mg + Mg j=1,2
d) ny= n3g
Here, o 18 given by the torgque free
metion and gjg is due to the gravity

gradient torque

Applying Lagrange”s method in the
system (15a) and {15b), by r13] we get

(8 L,
+ P

w k
3 Lk 3 ¢

T
Ly =5 ~ &«

(6 Ei)

3
51{ k

X’*J—'t

(8 T,
B n. 23 (8 S R
i i k=1 ko L

*
i
+
=]

1

Ql*
- *

=

{21)

where:

*
a) the transformation of 1,
1,2,3, 1is necessary to eliminate
mixed terms, being:

* s
tOUi:lg
spurious

(22)

b} Py are P,

written in the
new varlatles L} ané g

¢ Ny

Sivm
7

e) 60, , GL are the periodic parts of
solution w1thout solar*radzatton
expressed in terms of L4 and o -

the
pressure

The scolar radiation pressure torque is
considered of second order with respect to
the free rotational motien. Thus neglecting
coupling terms in system (21) :

. * *
Li = Ei (Uir Li" Uy s GS’ m}
= % - * = * *
;= by : + P, . L, m
01 nl(Ll'm) i (01: i’ CCBf Gsl }

1,2,3



In the system (23) the variables Ogs
and ¢4, i=1,2,3, are always as arquments
of the trlgonometric terma.

The solutjon of the system (15) ia
given by (20), where 1} and L} are the
solution of the system (23)

It is important to note that :

L
dL; N
5 ® o => Ll = constant (24)

and therefore, the solar radiation pressure
doesn”t influence the computation of the
projection of rotational angular momentum
en the axis z of the moment of inertia.

The solution of system (23), is
obtained first eliminating the short
periodic variables UJ, j,= 1.2 , and the
long periodie variablesd 03,6 tg. Finally
the method of sucessive approxlmat1ons is

applied.
4.1 Preliminary Analysis -

Only secular terms will be congidered,
Therefore, this correspond to eliminate
first the periodic wvariables op, 9 and
after the long periodic variables 03, Age
g,

With ahort perieodic variablea 01, 02
eliminated, we have new variables Gi, f

and the system (19) remaina: !

d i =0 L:=0 3§ =1,2

gt J

af, oL .

r-T = f3 (0’3; Lil‘ ms Gsp 55) (25)

ao . -

i =g, {o, L. mv ./ 8§}

I i 3 i 8 8

i= 1:2;3

After the elimination of the long
periodic garigbles 03, @, 8., we have new
variables 5 ¢+ Ly giveh by™:

af;

- = 0 i=121,2,3

at

m { gin 23
i 8

3 - cofl

{cos?

4 L2

{2 + 3 cos 23)}

[+ 2}
n
a2
H

e
an

3+ E-Egi—l (3 cos 2T + 1)
8 L2

<7,
r

(26)

where:

fij expressed in terms of L, i =

-~

-

(adpr
-
- @

ol - ]

b) cos J = EI/EZ

) I=f./L
c} cos = 3/ 2
The solutlion of system (26) is 3
L; = constant
= =% *
8y =0y v+ o), (27)
i=1,2,3
where{
il n, - -2— cos J (3 sint ¥ - 2)
1 1 =
4L
2
ﬁ; =5, + = { cos® § - cos® T (2 +
4L
: 2
3 cos 27) ]
e =R, + 2898 T (3 0g 27 4 1)
3 3 =
8L,
(28)
Therefore the rotational  angular
momentum (L ) and its progection on the

inertial axis z (L3) doesn’t suffer secular
variationa due £o the solar radiation
pressure torgue.
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The npew _ variables §;, §; and the
variables o0, L; are similar with exception
of periodic terms.

4.2 Using the

aproximations

method of sucessgive

The solution
obtained by the
approximations.It
solution

of system (23) will be

method of sucessive
will be considered the
given in (27) teo avoid the
spurious Poisscn terms. The variables gy
85 are function of the time and can_  be
taken from the Astronomical Almanac [11].

Then, substituting the solution (27)
in the system (23) and integrating then we
obtain:

¥
L, = constant {29a)
Li =t st j = 2,3 (29b)
. = N + K =
3 jo 3 !
* - A_, * 5 *
g; = (ni + ni) t o+ o, + 80, {29¢)
i =1,2,:3
where
* *
a) § Ly, Gci are perxiodic functions of the
variables o¥, a_, §_ ¥
i 8 -]
* L P N . :
b)Y L, » 0, are initial conditions:
jo io .
¢) n; and Aﬁi are secular effects in the
variables respectively due the gravity
gradient and direct solar radiation
torques;
Therefore, the splav radiation
pressure torgue produce secular and
periodic Lvariations in the angular

variables o4y and only periodic varigtions
in the rotational angular momentum (L) and
its projetion on the inertial axis =z {L;).

4.3 Solution of the Equations of Motion

The solution of rotational motion
considering the torque produced by direct
solar vradiation pressure and the qravity
gradient torque, given by the system (15),

can be put in the following form:

L. = L.+ 8L. + GL; 3= 2,3

1, = .+ An) t o+ . * *
i (nl ‘1) 611 61i * lio
i = 1:2:3
where
a) 8Ly, 681y, n; are the effects of the
torque free motion and gravity gradient.
torque.
b) SLY 61:; the effects of the

Any ,are
raé‘

’
direcg solar iation torques.

5. Numerical application

In order to analyse the order of

magnitude of the gravity gradient torque
and solar radiation pressure torque, let us
consider an hypothetical satellite with

orbital and physical elements similar to
the elements of the “PEGASUS A" satellite
{4,16]. fThus, we will assume the following
values:

a) diameter ¢ and height h :

h =18 m

b) coefficients of

specular and difuse
reflection, By and vi.,

in the circular flat

surface fi = 1) and, in the lateral
cylindrical surface (i = 2} :

Bl = 0,) ¥, = 0.7

82 = 0.1 . YZ = 0.5

c) parameter m given in (l4c) :

m= - 4.245 x 10°*! kg km?s~}

Initial values for the Andoyer s
variables will be taken the followings :

L, =0
L, = 9.7307 x 1073 kg wkmls!
L, = - 2.9956 x 1073 kg km?s™1
- = o = L42°
1 =1, =9 1, = 276.42
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I = 107.93° J = 90 -°

Using the mentioned figures we can

compute the magnitude of the solar
radiation torque. Thus , for the component
.3 + we find for the most important _long

period term, an amplitude of about 10712 ky
km? 571 with a pericd of about 108300 days.
This  is of about 10-3 of the influence of
the gravity gradient torgue [16] (term with
a period of 89 days). This influence, very
small due toe the dimensions of the
satellite, can become important for big
spatial stations. '

6. Conclusions

The purpose of this paper was obtain
an analytical solution for the rotational
metion of an artificial satellite,

.considering the gravity gradient and direct
solar vradiation torgues. The solution was
shown and a model for solar radiation
torque was presented. The components of the
solar radiation torque were expressed in
the system of the principal axis of inertia

of the satellite. Considering a
hypothetical artificial satellite, a
numerical appllication shows that the

magnitude_ of the solar radiation tergue is
about 107 of the magnitude of the gravity
gradient torgue.
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Minimum Humber

of Satellites

for

Earth Coverage

by & Constellation of Loy-Orbit Satellites,

Dr.Hapcel 8idi,Yoram Yaniv

Israel Alrcraft Industries ,MBT-Yehud,Israel

Abstract.

An analytical way for computihg
the minimum number of gatellites in a
LowrOrbit Multi-Satellite System with
100% coverage requirements . ia descri-
bed. A Walker deltm pattern constel-
latlon 1ie agsumed for a certain class
of Earth Coverage definition.

An effliclent numerical simula-~

t+on has been prepared in order +to

check the analytical regults;the
agreement between the analytical
results  and the simulation was
perfect,
Nomangletyre.
GST =~ Ground station
Dd - ground distance from the GST
Rd  -radius of gircle for covered
area around the GST
h - altitude of thé satellite
Ds ~ground distance of satellite

coverage from subsatellite
point

Rs -radius of circle for satellite
coverage area

Inc -inclination of orbit plane
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AN

ANl

M1
AMZ

M2
ANM100

ANM

da

Re
Cd

Ce
Re

Remax

AL ANT

-number of satellites in one
orbit plane (chain)
~IRTEGER(AN)+1

chaine

-number of for almost

100% coverage
~INTEGER(AM1)+1

-number of chaina for

100%

coverage
~INTEGER(AMZ)+1

-number of satellites

for

100% ooverage

-nupber of datellltes for

almost 1(0% coverage
~covered

angle of wsatellite

aommunication (antena or
other inetrumentation)

-pinimum horizen angle for

satellite/ground communication

~radius of earth globe

~aircle of desired ground
coverage
~circle of eatellite ground

Qoverage
-satelllite communication range
~-max satellite communic. range

~half the antenna aperture



1.Introduction.

The importance of Low-
Orbit,Low~Cost Multi-Satellite BSystems
for a varlety of civil and military
requirements is increasing constantly,
Some of these requirements include
communicatione,data relay,meteorology,
survelllance and 8o on,

4 principal advantage ¢f a constella-.
tion of satellltes 1s high reliability
and survivability:the loes of a single
graceful

satellite leads to =a

degradation only.Moreover, the avstem

is Justlifiable even with a preli-

minary smaller number of esatellites,

which increases gradually until the
system is completed.
Depending on the specific
mission,the necessary number of satel-
lites may become quite large,especial-
ly for very low- altitude satellites.
The normal trade-offs in designing a
Multi-Satellite System (hereafter cal-

led _HSS) is coverage (performance)

versus the number of Batellites

(cost).
Numerous typee of constella-

[1]

concentrate on the Walker delta

tions have been treated and we
shall
pattern Constellation([2].This constel-
number of

lation is based on =&

satellites equally distributed in eome

126

orbit planes having the eame incli -

nation,the ascending nodes of the

orbit planes belng equally epaced on

the equator circle.In the

Walker

principal

analyels to follow,the type

constellation is very important,becau-

ge all satelllites in the same orbit

plane having the same altitude, will

keep their relative rosition

constant,However,the BEarth Coverage
definitioﬂ. as tréated in the present
paper, is basically different from
thaé of Reference 2.

Various procedures for spacing
satellites of a constellation in space
are based on powerful numerical
optimization techniques [3]). For Low-
Orb;tl Constellations,they can result
in an unnecessarily .1arge number of
satellites.The present paper presents
a very simple analytical way to pre-
dict the minimum number of satellites

for a clase of coverage, to be stated

in the following section.
A powerful numerical simulation
prepared in order to cheak

haa been

the results.Moreover,the same simula-

tion has been used to compute the _

degradation of the coverage index if
the number of satellites is decreased,
for instance,in order to decrease the

coet of the Multi-Satellite System.



2.Btatement of the problem.

A Low-Orbit Multi-satellite
Systen 18 required to achieve a full
(100%) deeired coverage of a certain

region around a Central Ground
Station,hareafter called GST (Fig.1).

Buppose the Desired Earth Coverage
{hereafter called DEC) area on ground
i8 a circle with radius Rd centered on
the ground station. The Satellite
Earth Coverage (hereafter called SEC)
is the gection of the earth which can
be seen by the satellite anycne

ite

with

of spacific inetpruments or

antennae. Assuming that the Earth is

an exact sphere,the SEC 18 a circle

with radiue Re,centered at the aub-

satellite point,

Pirect Communication between

satellites is prohibited;however,con-

munication between satellites via the

GST is allowed.With these gecmetrical
qonetrainte,communication betwesan any

two points inside the gircle with

radive Rd arcund the - G5T is to be

continuous 1in time ,which is the sane

as aeking for & 100X ocoverage to be

achleved within the DEC area,

Before we attempt the solution

of the problem,some more fefinitions

.are required:all satellite orbite are

¢lroular with the same altitude.Any

communication or observatlon from the
satellites or to the

satellites 4is

practically poseible for a minimum
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[ ] Saty

Figure 2

elevation angle 8a above horizon ,an

shown in Fig.2.In fact,glven 8a and
h,we can compute the affective
goverage radiues Rs for every one of

the constellation satellites.

Given a Satellite Ground Cove-
red Distance De,which is the length of
the Es ie easily

arae AB,the radius

computed and 1is the length of the
segnent AB=Rs.The same le true for the
Dgsired Ground Covered Distance Dd,and
Rd,which are similarily computed.

For both cases,given the arc.
AB,which is the distances Ds (or Dd),
the Earth is

gcentral angle I



known ., hence &also Rs {(or Rd4) can be

computed.

Number of Satellites.
Computation of the number of
gatellites for a full (100%) coverage

is based on the following assumptlions,
the firet +twe to De abandoned at a

later stage.The assumptions are:

1.The earth globe is motionless
around its polar axis.

2.The planes of the satellite

orbite are inertially stationary.

3. Rs > Rd .
4,.The inclination of the orbits

ie equal ,or greater,than the lati-

tude of the GS8T.

With the above assumptlions, supposs

that the GST ie located in one of the

rlanes of the orbit constellation.

When a satellite moves in its orbit,

and the circle Cd is entirely inside

circle Csl , (or Cs2), in Figure 1,

then a 100% coverage does exist.For a
continuous 100X coverage,more than one
satellite is of course necessary in

the same orbit plane.

The firet question to  be

answered 1ls what is the minimum number
N of satellites needed on

this plane

only,so that 100% coverage 18 achleved
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Figure 3

continucusly.Accordingly to assump-

tions 1 and 2 ,the GST stays

continuously in the plane of the

orbites.Hence,in Flgure 3,there are two

extreme cages,which allow us to find
the minimum permitted distance 2%s
between the sub-satellite pointe of

two adjacent satellites. In Figure 3,

gl=/Re"-Rd*® (1)
862=Rs - Rd/2 {2)
he additional. condition of Eq.(2)

must be imposed,because ,for the ext-
reme case shown in Figure 3b.Po;nt A
in the dashed area ,cannot communicate
with point B ,because the GBT is out-~

,82 must be decreased.

gide Cgl,hence



(Direct communication Dbetween satel-
lites e prohibited).Because of the
the movement of both satellites,the
dasghed region will decrease and disap-

pear.In the limit,the QST must lie on

the circle C§1,and Eq.(2) follows,
Finally, 8=Min(sl.s2),so that the
winimum distance between the sub-
satellite polnts should be :

Min Distance=z 2xa, (3)

Rnowing the length of a great circle

of the Earth,Lez2.rx.Re, the minimum
number of satellites in one plane
should be :
Le n*Re
AR = = —_— (4)
2%g 8

AN need not be an integer.

Define N=INT(AN)+1 (1f
INT(AN)=AN then N=AN ],

The agglomeration of satellites

in the same plane will be c¢alled “a
chain of =satellites". The next step
will be to find the necessary number

of chains,or planes of orbite,necea-
eary +to cover the entire globe strip,

a8 in Filgure 4,

The computation of the needed
number of rlanes is aleo very
eimple:as pey Figure 6,the covered

distance on the equator circle is:
Re .
(5)

ein{Inc)
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and the necessaxry number of chaine

{orblt planee) ,assuming coverage at

the equator ie required, will be:

W enaso
S

drass
SGOTI PIIFA0CD je—

_.f

Figure 4

2¥REXr nw¥Rex sin{lc)

AMls= = (6)
2%2% m 2% Ra

In Flgure ba, emall gaps remain

uncovered. These uncovered reglions can
be ocancelled by augmenting the number

of chaina (but with some unnecesearily

multiply covered areas,as in Figure
.bb}:Eq.8 neede to be altered to:
nXxRe*sin(Inc)
AMZ = {7)

2 ¥ Rd
The needed number of satellites for a
100% coverage becomes:
ARM100

=ANkAM2 (8)



1f the small uncovered gaps in

Flgure B5a are acceptable, then :

ANM= AR* AM1 < ARNM100 (2)

Bince according to Figure 4,
the entlre globe strip is covered,
assumptions 1 and 2 can be removed:the

.relative motion between +the GST and

the chains and satellites is of no

importance any more.A GST located

anywhere 1nside the “globe strip”,ae

in Figure 4,will be covered continu-
ously 1In the entire desired ground
area,as defined by the radius Rd.

AN, AM1,AM2,ANM and ARM100 are
not, in general,

integers. A e&imple

way,but very expensive in number of
satellites, ls to increase AN,AM1 and
AM2 to the nearest higher integer.An

overdesign shall result,

Some numerical examples are

given in Table 1.

Take, ae an example, a HMSS of
orbite with an altitude of 1400
km. ,and an inclination of 40*.The

desired coverage region around the GST
should be RA=2000 km.,5a=2"*.

The number of satellites in one
chain (plane) comee to be :

AN=T7.65 ,N=8.

If the uncovered gape in Flgure
Sa are permitted,then AMI=1.78,H1=2
(from Eq.6).and the

total number of

satellites will be NMs16 .(The un-

rounded number of satellites is only
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Figure 5
AN¥AM1=13.61). Humerical gimulation
with two chaine of eight satellites
shows a coverage of 86 .66 %

only,which ie expected.In case a 100%

coverage is required,we find that
AM2=3.22 (from Eq.7) so that M2=4,and
four chalne are necessary,wlth
BM100=32.The calculated number

is AN®AM2=24.63 satellites.Simulation

showed a coverage of 100% at all timee



during a period of 61 days.However,

when the numerical simulation was

carrled with 3 chains of 8 satellites
(24 eatellites,close to the theoreti-

cal number ANXAM2=24.63), a coverage

of 99.998% wag demonstrated (See
Figure 6).
On  the same Figure 6, %COMM means the

rercentage of area of the oircle Cd

covered by circles Cel. The avera-
ging of the coverage percent is car-
ried over a time period of 10(exp 6)
sec=11.6 days,

The above simulations were

oarried foy Ground Statlons located
32° Weet,35° North, and 32° West,10°

North,with similar results

Some commente are mandatory on

the results in Table i.

The number of satellites in one
plane increases with increasing Rd,as
per Eq.(4),slince & decreases with Rd
(2).

For the case in which the emall

in both Eqe. (1) and

uncovered gaps in Filgure bBa are

acceptable, the number of chains AMi
depends on Rs only,see Eq.(5).Hence,
the number of satellites AN*AM1 always
inorease with increaaing Rd.

For the case in which emall un-
covered gaps are not permltted,as in

Figure bb,the number of chains AM2

depende on Rd aleo,see Eq.(7): hence,

ANM100,in Eq.(8),has & minimum de-

pendant on Rd. (See Figure 7).

BATCOY. FON (¥ LWAL)

IwcL= 0.4008+02
AC HAX= O, 20304+04

E= 0.500E+0]

dd = 02000001

0. 641K402
RCe 0.2622404 RAm 0,2445404 AL ANT w2 X 0.660£402
1) P N m ARRAL  AM2 (100%) WH{LOOY} AN~AMZ (100W4)
€.5008403 9.17 2.84 kL] 24.2% 32,88 130 118.09
0.J008+04 10.33 2,64 33 27,38 544 kN 86,67
0.150E+04 11,89 2,64 36 3144 4,29 1] 51.04
0.200E404 14,42  2.64 48 238,13 T 60 46.42
INCL= 0, 400E+02 K= 0.100E+04 J.A m 0.200K401
RC HAX= 0.3718404 ALMAX~ 0.598%+02
AC= O.JA9E404 Re 0.311E404 AL AT =2 X 0,S08E402
-] L] AH1L W AHARHL N2 (100%)  WM(1008) AHSANI (100%)
0.500E403 7,00  2.07 24 14,49 12.88 204 90,10
0.1008404 .67 2.07 H 15.88 &.44 56 49.41
9.1508+04 4.49 2.07 17 17.%¢ 4.29 45 as.42
0.200E404 9,490 2,07 30 18,64 3.2 40 30,55
0.250E+04 30,81  2.07 33 22.38 2.5¢ EE] 27,88
0.300K404 24,23 2,07 75 30.14 2.18 » 52.08
IHCL= 0. 400K+02 Re 0, 1408404 A = 02008001
RC HAX= 0. 4458404 ALHAX~ 0,5512402
AC= 0,4238404 Re D.362E+04 AL ANT =3 X 0.550E+02
RD M F e NH  AN*AML  AMI{LO0%) MM{1008) ANAAHI[100%)
LE00EC03  8.93 1,78 12 10,58 12,08 7% 76,40
00E404  €.42 1,78 14 11,43 544 I “n,3
E40 . 1.7 14 12,43 £.29 35 29,9
1,98 16 13.61 3,22 32 24,
1.76 18 1s.08 2.50 21 21.79
1.9 20 i1.61 .13 30 .43
1.0 44 M 2.84 " 40.03
INCL= 0.400E402 He 0.1B0R404 J;( = 0.2008401
RC MRXe 0,512E404 Addat= 0,513E+402
RCw 0,4908404 Rw 0,.403E404 AL ANT =2 X 0.3122+02
[} 1 AML MM ANSAML  AMZ(100%) WW{100%) ANSAMZ {1008}
0.300E403 531 1,60 )2 .43 1z, T 68.35
0.100E+04  5.60  1.60 12 1.09 6.44 [t 36.60
0.150E404 6.12 1.60 1¢ 9.79 4.2% s 26.24
0.2006404 6,62  3.60 14 10.59 3.22 28 21,32
0.2508404 7,22 1,60 18  11.5% 2.50 24 18.60
0. 3008+ 7.93  1.60 14 12.89 2.18 24 17.03
0.J502+04 10.07  1.60 22 16.12 1.04 22 10.54
0.400E404 44,20 1.40 §0 70,71 1.61 #0 TL.16
Table 1

{ Dietances in kms :

r

BATS¢3x%B, ALTITUDE =1400KM,

Angles 1in degs.)
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The same simulation can be used

to compute the decrease in coverage

percentage, if and when a decrease in

the number of satellites should be

necessary .in order to decrease the

cost of the Multi-Satelllite Syatem.

This point will not be pursued in the

pPresent paper.

4.5ummary.

The simple analytical method

described above allows us to compute

the minimun number of satelliteé

needed in order +to achieve a 100%

coverage over a given distance from a
specifled ground station.The inclina-

tion of the orbit plane must be at

least equal to the latitude of the

G8T,which can be situated anywhere

within the covered global strip . as

defined in Figure 4.
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The simple, but very efficilent
numerical simulation that was prepared

to check the coverage percentage,shows

rerfeot agreement with the analytical
resulta.

References.
1,Wertz J.R.,Larson W.J., "Space

Misslon Analysis and Design",

1981 ,KLUVER ACADEMIC PUBLISHERS,
Dordrecht,Boston, London.

2.Halker J.G. Sateilite Constella-
tions.Journal of the Britlsh Inter-
planetary Soclety,37:559-572,1984 .
3.Dain J.E.,Continuous Global N-Tuple
Coverage with (2N+2) Satellites.,

J.Guidance,Vol.14,No0 1,Jan.-Febr.1991



DEVELOPMENT OF IR RADIATION SIMULATOR FOR SPACECRAFT
THERMAL TESTING

Dr. Yoram Shimrony
Mr, Zachary Bachmutsky
Mr. Yarcn Naimark
Dr. Sylvia Zalmanovich

IAI/MBT, Space Technology Dept., PO Box 105, Yehud 56000 ISRAEL

ABSTRACT

This paper describes the development of an IR Radia-
tion Simulator conducted at MBT, a plant of Isracl Aircraft
Industries.

The development tackled a unique problem of creating
uniform IR radiation fluxes onto irregular geometry of a
spacecraft, the OFEQ satellite,

The thermal design of spacecraft and its verification by
ground testing is one of the critical issues for achieving
mission success in space.

The ground thermal tests include a thermal balance test
and an acceptance test.

A Solar Simulator, in which the sun radiation existing
in real space is being simulated, is the equipment regularly
used for this purpose; it is, however, very expensive, and so
are its operation and maintenance,

Another alternative, called IR Simulation, uses local
infra-red sources, simulating the external radiated energy
which is absorbed by different spacecraft surfaces and the
simulation is conducted in iso-flux zones.

At MBT, an IR Simulator [of the latter type] has been
developed and testing was carried out on an "OFEQ" Ther-
mal Model (TM). For the TM's verification, it was sub-
jected to a Solar Simulator test conducted in a European
space center.

The IR Simulator development required the availa-
bility of adequate design tools and familiarity with the
properties and the performance of the various thermal ele-
ments which are part of these IR tests. A Heat flux mapping
software was developed for the heat sources’ placement
determination, for achieving flux uniformity; a special struc-
ture was designed and fabricated for zoning and for lamps
and sensors attachment, and a special system was built for
heat flux and temprature monitoring and control, to assure
the satellite safety while under test, A special heat flux sen-
sor was developed to measure the energy absorbed by the
satellite surfaces, in a way independent of radiation wave-
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lenghs, so that its measurements in testing using IR wave-
lengths will be equivalent to the real sun radiation effects.

The verification experiment was carried out in three
phases. The results are presented below and their adequate
conformance with the predicted parameters shows the de-
veloped technique to be a viable satellite thermal design
verification tool,

1. INTRODUCTION

An important stage in a satellite development is the
thermal testing, which includes verification of the thermal
control system by a thermal balance test, and an acceptance
test, checking the proper functioning of the satellite when
subjected to its anticipated space extremest thermal environ-
mental conditions.

Satellites” thermal environmental conditions include
radiated heat fluxes, a cold surrounding, and total vacuum.

The a.m, tests take place in a vacuum chamber, provid-
ing the vacnum, which contains a cryogenic shroud simulat-
ing the cold surrounding and an IR simulator which
simulated the heat fluxes.

The established method to simulate the heat fluxes
impinging on the satellite’s surfaces is to use a Sun Simula-
tor, but due to program-related reasons, it was decided to
achieve this goal using an IR Simulator.

This paper details the considerations, the design, the
construction and the performance verification of the IR
Simulator as built,

2,  GOAL OF THE DEVELOPMENT

The goal of this effort was 1o develop a tool appropri-
ate for verification of the design of the OFEQ satellite’s
thermal control system and to serve in the satellite’s func-
tional acceptance testing under the extremes of environmen-
tal conditions it is expected to encounter in orbit,



3. DESCRIPTION OF THE PROBLEM

The OFEQ is a low-orbit satellite, having an eight-
faced blunt- pyramid shape on 10p of a short cylindrical ring
with a base plate of uneven, complex surface both sides.

While orbiting, the satellite’s external surfaces meet
heat fluxes originating from three sources: sun radiation,
carth radiation and albedo.

The heat quantities absorbed by the satellite’s various
external surfaces depend on the fluxes’ intensities, their
spectral composition, and on the thermo-optical properties
of the surfaces themselves.

The satellite’s thermal conirol system is tasked with
operating various means so as 1o control the temperatures
from not rising or decreasing out of the specified limits, and
thus assure proper equipment functioning. This system
makes use of heating blankets, insulation blankets, radiators
and various paints and coatings which give the external and
internal surfaces thermo-optical properties as specified.

In order to test the satellite’s performance it must be
subjected to the environmental conditions of space which it
is designed to cope with; i.e., to be tested in the a.m. vacuum
test set-up with the heat fluxes simulated properly. For
simulating the energy absorbed from the heat fluxes, the
satellite’s external envelope was divided to iso-heat flux
intensity zones, derived from the satellite’s orbit parameters
and the thermo-optical properties of the surfaces,

To these iso-heat flux intensity zones, heat fluxes
correlating with the orbit conditions have to be applied, Of
high importance are the means to measure the fluxes’ inten-
sities. These sensors must directly measure the absorbed
energy, in order to be relieved from needing tiresome ana-
lysis for calculating the absorbed flux as a function of radi-
ated wavelengths and the thermo-optical properties of the
surface,

The installation supplying the fluxes onto the various
zones should be closely fiting the satellite’s form, it should
also be insulated from the under-test equipment and avoid
any mechanical contact. If unavoidable, any contact will be
thermally insulated,

Another requirement is the prevention of radiation
spillover between adjacent different-level iso-flux zones.

The division of the satellite's external envelope 1o the
iso-flux zomes is achieved by using specular baffles. Using
these raises the secondary problems of somewhat blocking
the cold shroud of the test chamber and, in addition, the
baffles’ temperatures might affect the satellite.
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Another area of importance is the matching of the heat
sources with their various characteristics to the specific re-
quirements of the zones.

There are principally three types of IR sources: heating
blankets, IR lamps and temperature-controlled surfaces.
Each has its advantages and disadvantages, the most signifi-
cant of which are as follows :

—  The blankets supply uniform heat fluxes in accurate
intensity, but they have to be glued to the satellite’s
surface, which cannot be done on all of its parts.

- Using lamps and proper design, a uniform flux in-

tensity may be achieved employing various lamps
quantities, flexibly located, and flexibly adjusted
for power by varying the supply voltages. Using
lamps relieves us of the need to directly contact the
satellite’s surfaces. Baffles help in separating the
different zones,
A difficulty with this method is the need to develop
a flux intensity sensor able to measure the heat
absorbed by the surface directly and accurately, and
having its response time, appropriate for adjusting
the lamps supply voltages used to get the required
flux intensities. These sensors create some blocking
between the lamps and the unit under test,

- The temperature controlled plates are used in areas
having complex uneven surfaces where lamps and
heating elements are inefficient. Using these plates
does not necessitate measuring the fluxes and en-
ables efficiently computing the absorbed heat guan-
lities by proper computer programs,

For solving all the above, the IR methodology was
thoroughly leamnt and software was developed for mapping
the heat fluxes on the satellite’s iso-flux intensity surfaces.

Flux intensity sensors were developed and manufac-
tured, having thermo-optical properties identical with their
intended locations' surfaces.

The results obtained from running the computer pro-
grams were verified by a series of pilot tests performed on
surfaces identical to the iso-intensity surfaces of the satellite,

Likewise, practices were developed in order to achieve
good control of the various IR techniques and devices char-
acteritiques. Following below is a description of the compo-
nenits developed and the techniques practiced.



4. INVESTIGATION OF FLUX
GENERATION AND MEASUREMENT
TECHNIQUES

4.1 Pilot Tests

The simulator has to provide to each defined thermal
zone of the satellite a heat flux with a specified intensity
distribution, e.g: a homogeneous heat intensity over a flat
surface, or a parabolically shaped heat intensity distribution
over a cylindrical surface,

Therefore main goal of the pilot tests was to achieve
homogeneity of fluxes.

A laboratory pilot test bench was built with capability
to measure high and Jow level heat flux intensitics of differ-
ent sources. One test bench was constructed around two
adjacent trapezoidal plates and a second one was constructed
around a cylindrical surface.

The first step was the calibration of heat flow trans-
ducer type LO-6-120-T made by HY-CAL Engineering, by
comparing its measurements to the measurement in
same conditions of a high sensitivity radiometer type RK-
5720 made by LASER PRECISION Corp.

The second step was to study single IR sources perfor-
mance at fre¢ air and inside specular baffled square tunnel of
405x405x500mm dimensions.

The following IR sources were tested:

1) RESEARCH Inc. Radiant Heating Unit : models
5236 and 5273.

2) PHILIPS lamp: IRK 13169X/98.
3) WATLOW Calrod Model RAN2510B.

The third step was to study IR source amays’ perfor-
mance over the trapezoidal flat panels, the same as plates
used on the satellite. The panel was surrounded along its
perimeter with perpendicular-to-it specular baffles. The pilot
rig included two such panels arranged as on the satellite. The
tests were performed at two radiation intensity levels repre-
senting the sun and the earth radiations, for different ar-
rangements of IR source arrays and baffles.

The best configurations, i.e., the ones producing the
most homogenous patterns, were now tested in vacuum of
less than 10 mbar and with a shroud of 90K, under the
following assumptions :

a) Heat flux can be accurately measured by a calo-
rimetric method as follows:
A small Aluminum black plate with thermocouple
in it and isolated of the environment, as a calo-
rimeter, can measure the radiated heat flux as a
function of T, when T (temperature of the plate)
reaches steady state,

b) Homogenous distribution of heat flux intensity is
indicated by comparison between the points’ tem-
peratures when in steady state,

The results confirmed the prediction for tests in atmos-
pheric and vacuum conditions except for a slight boundary
influence of the baffles.

The results of the best arrangements of 6 lamps and 3
lamps are presented in table 1 below for two intensity levels,

TIhe fourth step was to study the ability of the IR
source array to create the predicted distribution of heat flux
intensity over a cylindrical surface. Using the method 1o
measure radiant heat flux in atmosphere, performance of
¢ach of the above mentioned IR sources radiating on cylind-
rical surface were investigated.  Both single large units

Table 1. Resulis of Heat Arrays Around Trapezoidat Flat Plates

IR Sources Height Over Pancl Heat Flux Measured Heat Flux Calculated Heat
fmm] [Wlmz] Homogeneity Flux Homogeneity
6 5236-5 lamps 400 400 + 8% +5.5%
6 5236-5 lamps 400 40 +12% +5%
3 "Philips" lamps 400 400 + %% +5%
3 "Philips” lamps 400 40 + 7% +5%
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(Calrod) and different arrangements of multiple lamps and
specular baffles were tested. In order o confirm the obtained
results in atmosphere the specific lamps arrangement had
been tested in vacuum conditions, The shape of the obtained
curves were similar to those obtained in the atmosphere
fests.

The comparison of the pilot tests in the atmosphere and
in the cold vacuum gave us the best solution of lamp array
arrangement for the simulator construction,

4.2 The Developed Software

The specified flux over the isoflux zones has been
produced by combinations of IR lamps. The flux intensities
and lamps arrangement were calculated with the aid of a
computer program developed at MBT, [1]. The program was
based on the calculation features and assumptions as de-
scribed for IRSIM, [2]: lamps were treated as point sources,
the flux over the zone was considered either absorbed or
reflected out of the system, and the field is isothermal.
The results were in excellent agreement with published
results [3).

The program treats each zone separately, The inputs to
the program are: lamp definitions, lamps arrangement, geo-
metry of the flux zone and baffle, spacecraft and baffles
surface thermo-optical properties, and the position of the
SENSors.

The program treats specular planar baffles by creating
images of the lamps at proper locations. For an arrangement
of two or more baffles an infinite number of source images is
created, The zone is divided into N*M grid points, For each
point, the flux portion arriving from each source (or source
image, if the point is located in the image’s influence area) is
evaluted and summed up.

For a trapezoid baffled zone, the optimal lamp arrange-
ment has been decided upon by a trial and error procedure.
After positioning the lamps, a further improvement in flux
homogeneity over a part of the zone (for example - the area
covered by a radiator) was achieved by adjusting the power
supplied to each with an optimization routine.

The flux distribution over the trapezoid is shown in
Figure 1,
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Figure 1, Heat Flux Distribution Over a Trapezoidal Surface, Using Six Lamps
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4.3 Radiometers

The most difficult issue while choosing the heat flux
generation method for thermal balance tests is to possess or
acquire the ability to measure accurately the heat flux intens-
ity absorbed by the spacecraft surfaces with minimal disturb-
ances. In order to accomplish this requirement in a vacuum
environment, two radiometers have been designed, one at
Rafael and one at MBT. The designed radiometer was of
the background monitored type, of the kind developed by
others [4].

The radiometer has two main parts: a sensor plate and
a body. The sensor plate is coated with the same optical
properties as the surface whose flux it is intended to
measure, and it has a heating element for calibration. The
temperatures of the sensor plate and the body are monitored.

A thermal mathematical model, formulated for the
radiometer and solved with SINDA, served for design put-
poses. The aim was to design a radiometer where most of the
heat is radiated to the cold shroud and all heat losses inter-
change between one monitored part (the sensor plate) and
the second monitored part (the body). The radiometers were
then built, calibrated and tested versus heat fluxes of known
intensity.

The calibration was intended to determine the coeffi-
cients for the conduction and radiation losses and the capa-
citance coefficient of the sensor plate,

The calibration constants were found with an optimi-
zation routine which searched for the minimum in the
squares of the differences between the measured and the
calculated fluxes, With these three constants and two tem-
peratures, the absorbed flux could be calculated. The cali-
bration methoed and program are described in [5].

5. THE DEVELOPMENT PATH

5.1 The Thermal Model (TM)

A Thermal Model Satellite (TM), which is a non-func-
tional satellite, used to simulate the thermal behvaior of the
real satellite was construcied. It consisted of the following
equipment;

—  Main Satellitz's Structure

—  Dummy electronic boxes containing heat genera-
ting circuits to simulate internal satellite heat
dimension

—  Thermal control elements of the satellite

—  Thermocouples, attached in various model points
identical with points of the Thermal Mathematical
Model (TMM), used to compare the temperatures
computed by the TMM and those actually
measured on the TM.

A solar thermal balance test was performed at ITS's
facilities in France in order to verify the functioning of the
thermal control system; The TMM was updated according to
the results and it was then used to determine correlation with
the in-house-built IR simulator.

The Thermal Model (TM) was divided to 13 iso-flux-
intensity surfaces, listed as follows:

— 8 sidewalls having trapezoidal shape;

~ 3 sectors of a cylinder

- Alower base plate of complex surface texture;

- An upper segment having the form of a blunt cone,

It was decided not to expose the upper segment to IR
Radiation since this surface is totally enveloped in insulation
blankets and the radiation transmitted thru has a negligible
effect,

5.2 The IR Simulator Construction

Two approaches to the configuration of the IR simula-
tor were considered:

The first (IRS-1): A combination of heating blankets
on part of the trapezoidal surfaces;
IR lamps on the cylinderical sectors,
and a temperature-controlled heat-

ing plate adjacent to the base plate;

The second (IRS-2}:  Arrays of lamps on the trapezoids,
lamps on the c¢ylinderical sectors,
and same heating plate as above for
the base.

Figure 2 shows this installation.

It was decided not to cool the baffles by aclive means.
Their thermal finish was chosen to solve the following prob-
lems:

- The array of the baffles, being installed on the TM
and very near to it, may create a secondary radia-
tion effect on it

—  The baffles’ surfaces somewhat block the TM from
the cold shroud.



Figure 2. General View of the IR Simulator (Configuration 2) and the Thermal Model Satellite
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Therefore, the selected thermal finishes were as fol-
lows;

~  The baffles’ surfaces facing the shroud were
painted black (high emissivity) in order to increase
the radiation link between the baffles and the
shroud. In this way the baffles surfaces were some-
what cooled.

~  The baffles’ surfaces facing the TM were covered
with reflective aluminized kapton tape. This
achieved insulation (fow emissivity), i.e, a weak
radiation link between the baffles’ surfaces and the
TM and, additionally, they optically constitute a
specular mirror, exploited to create a uniform heat
flux.

- The complex shape of the bottom plate surface dic-
tated usage of a controlled temperature plate.

6. TEST SET UP AND FACILITIES

The test set-up consisted of a vacoum chamber system,
an adaplor mounting the TM onto the chamber's door and a
tamp rig (together called “"the Rig"), and measuring instru-
ments, Following is their description,

6,1 Vacuum Chamber

The IR test was performed in MBTs vacuum cham-
ber, dimensioned 2.8 X 3.60 M,

The environmental conditions inside the chamber were
as follows: a pressure of 10 mbar and the cryogenic
shroud's temperature was 90K,

6,2 Rig Description

The RIG was built from the following main paris :

a) Adapting fixture for the Simulator installation on
the Thermal Vacuum Chamber's door. It was
intended also to accept the satellite and the lamp
rig which had to be put on the satellite. The rig
could perform leveling of the satellite,

b) The lamp rig.

This was constructed of specular baffles around
iso-flux zones over the satellite. It supports the
lamps and the radiometers. The rig construction

enables flexibility in lamp arrangements.
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The Rig rigidity provides differences of the clearance
between the lamp rig and the satellite less than 2 mils per
unit of length during continuous transition from vertical to
horizontal position.

6.3 Heat Flux Measurement

93 flux sensors (radiometers) were positioned close (o
the surfaces of the satellite, based on the flux zones defini-
tions, Each radiometer’s thermal finish was the same as that
of the surface that its flux it measured, Thus, a direct meas-
urement of the heat absorbed by a particular surface was
provided. The flux sensors were connected to the baffies
using small and narrow brackets to minimize blockage be-
tween the lamp array and the satellite surfaces.

This measurement method reads the real values of flux
absorbed by the TM surfaces, i.e. baffles’ blockage and sec-
ondary radiation effects already included, but their own
blockage is not yet compensated, Calculations show this
effect 10 be 7% in the maximum condition.

6.4 Power Control And Data Acquisition
System

A main console controller was connected to four con-
trollers, each controlling 16 power supplies’,

A control system was developed; capable of the fol-
lowing :

- Supplying a stabilized power to either a single lamp
or to a lamp array of a flux zone

- Supplying power to heating plate

—-  Alarm and protection, including open or short-

circuited, load detection, shutdown, channel set-
point level, and out-of-limit alarms

The data acquisition system sampled channels of ther-
mocouples and current, then displayed both measured and
calculated fluxes and power.

This output was displayed in tables and graphs on a
monitor screen. .

7. IR SIMULATOR TEST AND RESULTS

The step by step procedure of the IR Simulator test,
using the TM for correlation, was performed in the follow-
ing steps : ‘



—  Pump down (achieving the required vacuum),
—  Cooling the shrouds.
- Supplying power to the thermal model.

Supplying the power to the IR Simulator was per-
formed, according to the two configurations men-
tioned above.

*  Supplying power to heating blankets or the
lamp arrays (per configuration) on the trape-
ziodal panels,

*  Setting flux level on the TM surfaces by ad-
Justing the lamps power until the desired aver-
age flux level on the radiometer was achieved.

*  Supplying power to the heating plate in order
to achieve the predesigned temperature.

~  Reaching a sieady state conditions of the TM.
—  Retumn to ambient conditions.

According to the first IR Simulator configuration
(which was a combination of heating blankets, IR Jamps and
heating plates (IRS-1)), the TMM was updated using the
following data:

-~ Power of heating blankets
- Absorbed heat fluxes
—  Boundary temperature conditions,

Table 2 compares the average differences between the
T™ and the TMM's steady state temperatures (measured,
and calculated), according to IRS-1. A difference of less
than 5°C in temperature shows good correlation between

TM and TMM. The table shows that the test met this crite-
rion.

" Table 2, Correlation Achieved Between TM and TMM,

IRS-1
Zones in Differences Between Measured
Satellite and Calcnlated Temperature
1.5%
B 0.1%
C 2.9%C
D 1.6°C

The distribution of absorbed flux on a trapizoidal panel
was 5% from the designed flux value.
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According to the second simulator configuration (IRS-
2) (which was a combination of lamp arrays on the trapezio-
dal panels and IR lamps on the cylindrical parts, and heatmg
plates on the bottom surface) the TMM was updated using
the following data :

—  Absorbed heat fluxes
-  Boundary temperature conditions.

Table 3 compares the average differences between TM
and TMM steady state temperatures (measured and calcu-
lated), according to IRS-2, It shows a good correlation be-
tween the TM and the TMM,

Table 3.  Correlation Achieved Between TM and TMM

IRS-2
Zones in Differences Between Measured
Satellite and Calculated Temperature
A 19%
B 21%
C 45°%
D 0.3%
8. CONCLUSIONS

As a result of the tests undertaken, the following con-
clusions were arrived at :

- The IR simulator enables control of heat fluxes ob-
served in the various satetlite surfaces, and thete-
fore is suitable for acceptance tests.

~  The results of the balance tests achieved with the
aid of the IR simulator, shows that a good correla-
tion exists between the TM and TMM models. §
It seems that the good correlation is a result of the
thermal mathematical model which was calibrated
according to the solar test results, prior to the be-
ginning of the development of theé abovementioned
IR simutator.

—  Itis possible to use the IR simulator for heat bal-
ance testing of satellites with a simple external con-
figuration.

- It is very imponant to fit the IR sources to the
satellite configuration.
For this specific satellite, the IR simulator is based
on the IRS-1 cenfiguration.
This configuration seems to be a suitable choice
because it uses inexpensive hardware components,



it is simple to operate, and the results are easy to
analyse.

—  Every IR simulator is custom-made o satellite spe-
cifications,

9. PROGRAM OVERVIEW

The development of the IR Simulator including its
various components was successful. Skills were acquired in
the various IR techniques.

A surface absorbed heat flux-intensity sensor was de-
veloped, which measures the absorbed heat directly and
avoids needing tiresome computations for getting these par-
ameters. The knowledge, technology and skill acquired will
enable lesting future satellites thermal control systems re-
liably and in relatively low cost.
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VERTICAL LANDING ON AN ASTEROID
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Abstract

This work is concerned with the final approach
phase and vertical landing on an asteroid with a
power limited, electrically propelled spacecraft,
With gravitational effects taken into account, a
new solution to the fuel optimal vertical landing
on en asteroid was obtained, In this solution the
spacecraft commanded acceleration is explicitly
expressed as a function of wehicle velocity and
time to go, Bagsed on qualitative methods of
analysis, the guidence atrategy and the resulting
trajectories were studied. It is shown that these
fuel optimal trajectories effectively assure &
vertical soft landing on the asteroid, Results of
numerical simulations fer the wvertical landing
starting from an elliptic orbit are presented.

1. Introduction

For the past thirty years, mission feasibility
studies and trajectory analyses have been conducted
to assess the possibility of a rendezvous with
small celestial objects such as comets and
asteroids. The interest in this kind of mission
stemmed both from its scilentific importance, and
its possible practical applications. Asteroids
form an ordered assemblage of protoplanetary
fragments which seem to remain near the original
locations of their formation between Mars and
Jupiter, The compositional and structural
variations of objects in the asteroid belt are
thought to retain <¢lues sbout the primordial
conditions and processes that contributed to the
formation of the solar system. In [1] was stated
that an ideal mode of an asteroid mission for
sclentific purposes would be to achieve rendezvous
with @ diverse set of asteroids during a single
mission and such a goal could be achieved employing
electric propulsion, In this work were also
presented the trajectory options available for a
modified Mariner spacecraft mission to asteroids,
In a completely different work {2] the placement of
transmitters on selected asteroids to provide an
independent navigation capability for interplan-~
etary flight, similar to the Global Positioning
System, was proposed. Missions for a comet-nucleus
sample return mission using electric propulsion at
very low thrust levels were studied in [3]. These
are scme of the many works published in recent
years in this field. Furthermore, the QGalileo
spacecraft in its present flight 1is targeted to
flyby one of more asteroids during its cruise to
Jupiter [4]. This strong interest in a rendezvous
with small celestial objects provided the
motivation for the present work,

# Graduate student, Faculty of Aerospace
Engineering
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The rendezvous of a spacecraft with a nearly
massless object presents significant challenges.
Classical planetary encounter techniques, with
their reliance upon the gravitational signature of
the target body are ineffective. Furthermorse, the -
long distances from earth make the wuse of
autonomous guidance in the vicinity of the
celestial body, a must. Use of on board
instruments as a source of target relative
Iinformation was considered the adequate solution
[3). Rendezvous missions to celestial cbjects are
in general divided into a number of navigation and
guidance phases. This work is concerned with the
final approach phase and vertical landing on an
asteroid with a power limited, ‘electrically
propelled spacecraft. With gravitational effects
taken inte account, an analytic solution to the
fuel optimal vertical landing on an asteroid is
obtained.

2. Problem Definition

Rendezvous and landing on a small celestial
object without atmosphere are particular cases of
the more general problems of transfer,

The optimal transfer problem can be defined in
its most general form as follows: Given a wehicle
in a central gravitational field at initial
position ¥, and velocity ¥,, transfer this vehicle
to a final® position #p and velocity ¥, at time tp
while fuel expenditure is a minimum, fhe final tf
can be given or free.

The system equations in vectorial form and
cartesian coordinates are given by:

.

= 3 (1)

2
$a2- ~z (2)

l‘
where 3. 3 and 2 are respactively the position,
velocity and applied acceleration vectors of the
vehicle under control and p {s the gravitational
congstant of the central body, The specific problem
considered in this work is to find the required
acceleration for the transfer of a spacecraft from
an elliptic orbit about the celestial body to a
soft landing on the body surface (zero relative
velocity) along the local wvertical, while fuel
expenditure is minimized, The spacecraft employs
an electric engine to generate the regquired
accelerations,

3. Optimality Criterion
Electric engines generate thrust by

accelerating charged particles through an electro-
magnetic field, In an electric engine, it is



possible to modify both the ejection speed v, and
the mass flow rate m, and therefore, to control
independently the thrust T and power P, given by

T = -mv {3)

P = Simp (4)

From these relations follows

II--l

«f

dt {5}

]
BIH

N

f [+]

where m is mass and a=T/m is thrust acceleration.
For a vehicle with electrie propulsion, we have a
limited power system, The optimal operating point
of a Limited Power (LP) system uses the maximum
power, and the optimization criterion to minimize
the fuel is to minimize the quadratic performance
index

t
3= 4 e%ae (6)
[+

o

The problem here considered is to transfer from
state (2,,9)) to state (#;,9;) at time t, such that
the performance index J 1s a minimum witﬁ tg free,

4. 'The Optimal Control

The maximum principle of Pontryagin is employed
[5]. The Hamiltonian of the system is given by,

HoeBod + Be(d - udred) + pra?2 (1)

where vectors #., B,, and scalar py are the
components of the adjoint vector and are defined
by,

M Y

B, = Eg [3, - 3(Bv-3)§§] CoBe) =B (8)
Bo= B, LB (e =B, (9)
Py =0, pylty) = -1 (10)

From (10) follows immediately,
{11}

The Hamiltonian is minimum with respect to & for:

dH _ 2
m-B+B, =0 (12)
It follows then,
F
a=7p, (13}

3v 1s the go-called primer vector [5].

We shall now sclve for B, as a function of the
state variables, their final values and time,
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For the free time case

H* = 0 (14)

Substituting (3), and {9} into (7). 1t is obtained,

H* = -% p2 - 3 +3 «F=0

v v~ Py {15)
Let us assume a solution for the vectop B, of the
form

B, = f(v)? (16)
where f(t) is a scalar function of time, to be
defined, Substituting (16) into {15) and
rearranging,

- G(% £2(t) + Fe)) = 0 (17)
from where it follows,
%fz(t) « Bt) =0 (18)

Integrating wth ¢ a constant of integration,

2
£(t) = 2 (19)
Substituting (19) into (16),
+ 2
B, =g ¥ (20)

In Appendix I is shown that this particular
solution for Bv effectively satisfies the adjoint
equations (8) and {9),

The adjoint vector B, as defined by (20)
provides & particular solution for the optimal
acceleration vector as a function of the vehicle
velocity and time,

g = 23
etV (21)
This particular solution has two main
characteristics:

1} The optimal acceleration vector is colinear
with the vehicle velocity. The entire trajectory
will in consequence rest in the plane defined by
the initial vectors #,, ¥,. This optimal
acceleration vector provides a solution only to two
dimensional problems, —

2) This solution includes g single free
parameter ¢, besides the final time in order to
match the required final conditions in position and
velocity,

We shall now restrict our analysis to the two
dimensional case.

5. The Two Dimensional Case
The system equations in polar coordinates for

the two dimensional case with the acceleration as
given in Eq. (21) are defined by,



(2,

r - r02 =52 B {23)

where r and 0 define the spacecraft position witl
respect to the central body ss shown in Fig. 1.

Multiplying equation (22) by r and rearranging

ar?d  2r%h
dt " ot (24}
The angular momentum
h = b (25)
Substituting {(25) into (24) it follows,
hoa 2 (26)

Integrating from initial conditons t=Q, h=h,. it 1is
obtained,

2
h = b, d2tEL {27)

c

It is worthwhile to remark that equation {27)
is in fact eguivalent to one of the known integrals
of the general problem [5],

- 3 4
Fxp.+VXDP, = constant

. (28)

as can be readily verified,

From Eq, (27) follows that to transfer from an
initial orbit with angular momentum h, to a final
orbit with angular momentum hf at t=tp, ¢ is given
by,

by

c = (29}
(hf/h0)1;2-1

For hg > h, it follows ¢ > O and consequently
from eguation ?21). the commanded acceleration is
pesitively aligned with the vehicle wvelocity,

For he > h,, © < 0, and consequently the
conmanded acceleration i1s negatively aligned with
the vehicle velocity. In particular, for the case
of landing on the central body, hp = 0, and ¢ =-tp.
This specific case will be further developed here
below.

Substituting b from equations (25) and (27)
into {23} it follows,

2 4
N EQEi:El_ L 20 _ B {30)
34 o+t 2
r’c

This nonlinear time varying differential
equation for the range r has no known solutiomn, In
order to be able to further analyze the problem,
qualitative methods of analysis will be employed.

6. Qualitative Analysis

We shall
particular case

restrict our analysis to the

¢ = -to {31)

Let us define instead of r and t two new variables
p and o, ag follows:

-2/3

P = r(tf-t) (32)

e = (tpmt)/t, (33)

With these new variables the following equation is
obtained,

2

d°p  5dp 14 -
S e T == e o Do+ Up
d02 3 do 9

2 _ .2, -5/3 -7¢/3 -3 _
hotf e P =0

(34)

The qualitative analysis of equation (34), is
performed in two steps, First the particular case
h°=0. corresponding to the single dimensional case,
ig considered, In this case, equation (34) becomes
autonomous and well known methods of analysis can
be employed [6], The resulting trajectories and
geparatrices in the phase plane p, dp/do are shown
in Fig. 2. Two classes of trajectories can be
distinguished:

I) limp = e, lim dp/do = o,

O3m g
II) 1im p = O, lim dp/do 4+ -«
e 04

These two trajectories classes appear in both
sides of separatrix 5y, for the trajectories going
to infinity, the exponential order of p is 2/3,

i.e., for o + », p = e2/30,

To deterpine the behavior of the original
variables let us express the radial distance r and
the radial relative velocity £ in terms of p and
g,

?/3pe-20/3

r=t (35)
Peoep 3R - 203 (36)

According to the behavior of p for o + «, it
follows by direct substitution [7], that for the
trajectories of Class I,

lim ¢ = rn
t—)tf

limr = 0
t»tf

Furthermore, for tee, £ = (te-t).
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For trajectories of Class II

lim r
tatf

L]
=

-

*
lim v

t—)tf

Now, given initial conditons for ¥, r,

respectively, I, rye 1t follows for p and dp/do,

_.-2/3
p, = tf T, {37)
dp | _ .-1/3, s .2
do o Bl Tty ¢ 3T (38)

For given initial r,, f_, the initial

conditions in the plane p, gg are functions of tp

Depending on the value of tf' the initial
conditions will give rise to trajectories either of
Class I or II as shown in Fig. 3.

It follows,

that there exists a value of te,
te*, such that

1} For tf £ tf* lim r = Lo lim ; =0
tat tat
f f

2) Fortp+t* linrs=0 , linf=ae
tatf tatf

This result indicates that the optimal guidance
law effectively achieves a soft rendezvousg at r =
rp provided Ep € tp¥.

Once the particular h0 = 0 has been analyzed,
the general case as defined by equation {34) is now
considered,

Since the nonlinear time varying term that
depends on ho includes alsc an exponentially
decreasing factor, unless p+0, it is
straightforward to show that this term will not
affect the behavior of p and dp/do for o4,

For p30, a more elaborate analysis as performed
in [7], shows that in this case also, as for the
particular case previously studied, dp/dos~= for
O,

Summarizing then, since the same behavior for
o+0 is obtained as for the single dimensional case
the same conclusion follows: The optimal guidance
law a8 defined in (21) with c = ~tp achieves a soft
rendezvous gt p = rp provided tp Ctp*,

Now, the approach angle o as defined by

rb

o = atan —

with r and h as previously de?ined is such that,

lim a = 0
t-»t'.r

Congequently, the landing trajectory is tangent to
the radius vector, or, in other terms, the final
landing approach is made slong the local vertical,

7. Numerical Results

To achieve the. desired Ye, 1t is necessary to
determine, at guidance initiation, the correct
value of ty. Since there is no closed form
solution for the equations of motion, te is
determined by an iterative process.

As an application example, the case of landing
of a spacecraft parked in an elliptic orbit about
an asterold with a 20 Km, diameter and
gravitational constant p = 3900 is considered, The
optimal guidance law and the iterative process to
determine the required tp to achieve a soft landing

at tp = 10 Km. are employed, The spacecraft
trajectory is depicted in Figs. 4a and 4b. Range
and velocity relative to the asteroid are depicted
in Figs. 5 and 6, respectively. As can be seen,
the spacecraft effectively achieves a soft landing
along the local vertical. The optimal guidance law
first reduces range, even at the expense of
increasing the vehicle velocity and only towards
the final approach, velocity 18 brought to zero.
This is clearly reflected in the Spacecraft
acceleration and the resulting cost, as depicted in
Figs, 7 and 8, respectively.
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Appendix T

Differentiating p with respect to time and
introducing into (8},

3
2ur/p 2v
43 -n/T.-.___ (1.1)

(tec)?

Differentiating p, with respect to time

v 3!r-v!r} (1.2)

{t+c) (t+c)r2

N
=
_—

Pr® 73
r
Once p,, from (18) is introduced into (8}, it can be

readily seen that it is ddentical to (I.2),
effectively verifying the adjoint equations.

A Reference Line

Fig. 1: Relative Geometry

Fig. 2: Phase plane trajectories
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SOLAR SAIL ATTITUDE CONTROL INCLUDING ACTIVE
NUTATION DAMPING IN A FIXED-MOMENTUM WHEEL
SATELLITE
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Abstract

In geostationary cruise of a momentum biased satel-
lite, it is necessary to stabilize the roll/yaw attitude
due to disturbances, caused mainly by solar pressure.
This work presents a roll/yaw control, which is ob-
tained by the use of solar arrays and fixed flaps as ac-
tuators, with a horizon sensor for roll measurement.
The design also includes an active nutation damping.

1 Introduction

This work deals with the stabilization of a geostation-
ary satellite with a fixed momentum wheel. Actually,
the problem is to stabilize the roll/yaw attitude in
the presence of solar pressure. The roll/yaw control
is obtained by the use of solar arrays and fixed flaps,
and a horizon sensor for roll measurement. It also in-
cludes active nutation damping.

The damping torques are obtained by the momentum
wheel in the pitch axis, taking advantage of products
of inertia between the pitch axis and the roll or yaw
axis.

This paper describes a solar disturbance (due to so-
lar arrays and fiaps) model development, a definition
of sclar sailing torques capability due to energy efli-
ciency, an approximate solar moment model for the
roll/yaw control and, finally, the roll/yaw and active
nutation damping control loops.

The design of roll/yaw attitude control, in this work,
is obtained by combining solar sailing with just a
horizon sensor for roll measurement and the nutation
damping in roll/yaw axes by the momentum wheel
(in pitch). In other communication sattelite designs,
gyros and/or star sensors and/or sun sensors ([1],[2])
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are used in addition to a horizon sensor. Skewed bias
momentum wheels ([3]) or double gimball mementum
wheels ([4]), are used instead of one fixed-momentum
wheel, and solar sailing is replaced by thrusters ([5]).
It should be noted that the nutation damping design

is also applicable when thrusters are used for roll/yaw
control,

2 Model for Solar Moments on
Solar Arrays and Flaps

The solar arrays and flaps are described in figure 1.

 WORTH SOUTH

Figure 1:" South and North Arrays and Flaps

The Y-axis of the arrays coordinate system coincides
with the pitch axis of the satellite, on which the mo-
mentwin wheel is fixed. The Z-axis completes the
X,Y-axes to a right handed system. When Z is di-
rected towards the sun, the system is defined as a
"sun coordinates system”.

/B .



The general formula of the solar force on a surface js

([on):
F

—P. A cost.(1-p,}).§
1
+2[p,-cosﬂ+§-Pd]'ﬁ

(1)

where :

P - radiation pressure coefficient
(4.6-10~%K g/ms?)

A - surface area

$ - unit vector from surface to sun.
N - the normal to the surface

ps - specular reflection coefficient
pa - diffusive reflection coefficient

It can be shown ([7]) that the solar force in "sun co-
ordinates” is of the form:

F = ~P-A-U, cos(y+8)-{(1-p,)-
0

[ U, ] +20p, - U, - cos(y + 6) (2)
U, .
1 sin{y + §)

+'§ - pd) 0 }

cos(y + &)
where :

A - surface area (A, /A,-panel/flap)

P - specular reflection  coefficient (pap/pss-
panel/flap) ‘

pa - diffusive reflection coefficient (pap/pds-
panel/flap)

(0,Uy,Us) - unit vector from surface to the sun in
"sun coordinates”

and; §=0,%8 ) Y=Y

For each surface the solar force is computed, from
which the solar moment is obtained. By summing all
these moments, the solar moments in the X, Y,Z axes
(in ”sun coordinates”) are obtained:

T, = Taup + Ttnp + T:Jj + Tsn!
Ty = Tyop +Tynp + Tysy + Tyny (3)
T, = Tup + T:np + Tul + T.m,f
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Tmp. Tyap: Tup, Tsa}a Tys}; Tn[; Tamp. Tynpu T:lllp1
Tengs Tyng, Teng are the solar moments in the XY,z
axes, caused by the south and north panels and flaps.
The solar moments T, T, T, are functions of the sur-
faces parameters and 7,, v, and B, where v, and ¥,
are the rotation angles v,, v, of the south and north
pancl, respectively, around the Y axis from state of
maximum sun and 8 is the angle between the flap
and panel’s normal.
It can be proved ([7]) that:
(a) When the sun is in the orbit plane, the solar forces
in the Y.axis are zero, ie., Fyeps Fynp, Fyap, Fyny
0.
-l = —y, then: Tz = 0, 7, #0,
which means that in such a case there is a solar mo-
ment just in the Z-axis (sun direction).
T; is called the "windmill torque” and T, is called
the "unbalance torque”.
-If ya = 9,, then neither T nor T, is identically
zero,
(b) I{ the sun is not in the orbit plane, again, T} and
T, are not identically zero. :

The solar sailing torques capability is a function of
all the parameters mentioned above and the required
efficiency loss, which is defined by:

—
=1

Lops = 2- cos(-y,,; — cos(y,) 4)

Figure 2 presents the solar sailing capability due to
eflficiency loss.
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Figure 2: Solar Sailing Torques Capability (sun coor-
dinatcs)



3 Approximate Solar Mo-
ments Model for Roll/Yaw
Control

Various approximate models can be obtained, accord-
ing to the assumptions.

(a) If in the system equations (2), the approximations
cos+y 7 1,siny = 7, for small 4 are used, and all other
terms of order greater than 2 are neglected, then the
solar moments may be approximated by:

T ~ A:- X . Y+B,-Y+Co-X+D. (5
T, % A (1" +1)+B.-Y+C. - X+ D,
where:
X n — Vs
Y = yv+7,

This system can be solved by an iterative process.
(b) With additional assumptions that p,¢,p.; = 0,
another approximation for the solar moments is:

T ® a;- X Y4b, Yo -X4+4d,
T, = a; X+b, .Y

This system has two solutions. The one which gives
lIower efficiency loss, is chosen.

() If, in addition, one assumes that X;, Y, <«
Z;,Yp, where (X;,Yy,2;),(0,Y,,0) are the radius
vectors of the flaps and panels, respectively, another
approximate model can be obtained, which is of the
form:

(6)

T A-X.Y+B.Y
T A X

This system has one solution for -, and ¥,.
It can be shown that in the last approximate model
{¢), a pure "windmill moment” when ¥, —Yss
and a pure "unbalance moment” for v, = 7,, are
obtained.

In figure § the solar moments Tx,Tz from the full
model and those from the approximate one (b), can
be seen. .

™

A, = 6.48m?
Ay = L00m?
Loss = 1.00%
pp = 0.10
pap = 0.10
pay = 010
py = 0.10
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4 Roll/Yaw Control

It can be shown that Euler’s equations for the
roll/yaw axes, in the frequency domain, are:

M,
[ ] ®
I228% 4+ woh ~ K, hS 4
-hS - K, I,8% 4 woh ¥

where:

M,z, M,, - solar disturbance moments
in frequency domain

Mc,,@c, - control moments, such that

Mez = Ko(S)3(S) M., = K,(5)$(5)
h - momentum wheel
Ipz, 1,y - diagonal moments of inertia

wo - orbital rate (7.210-% ¢/s for
geosynchronous orbit)

In designing the control torques for the roll/yaw axes,
the fact that only the roll angle can be measured is
to be considered, and a cheice is to be made between
treating sensor noise and nutation damping,
It should be noted that if the control torques, in the
frequency domain, are of the form:
Mc:: =
M =

—K(1+7-8)p(8) (9)
a-K(1+7-5)p(S)

a horizon sensot’s noise of 0.1° (3) requires 2 mo-
ment of 1. - 1074[Nm], which is 20 times more than
the solar sailing torques capability, but can not be
reduced by a factor of 20, because it leads to insta-
bility. Therefore, the obvious conclusion is to treat
the noise by the loop control and the nutation to be
damped by the fixed momentum wheel. This is the
situation in the roll axis. In the yaw axis, the band-
width is smaller (3. 10~% r/s) than that of the roll
axis (2.3 - 10~2 r/s),which enables the use of a flter
(at {21072 r/s) for the derivative.

Therefore, the control torques, in the time domain,

are ([6]) :
M. (2)
M., (1)

—-Kip(t)
Kap(t) - Ka;l;w/}(t)

(10)

i
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and the nutation is damped by the momentum wheel.
In equations (7), K, K3 are computed by:

. M,,,-(OO)
K W - wgh (11)
Ky = p(co)woh — M,z(c0)
¥(c0)

and Ky is defined by the maximum moment caussd
by the nutation,

The roll  is measured by the horizon sensor and
filtercd.

¥ can be cstimated from ¢, as will be shown latter.
If, for example:

My = 8.100% Nm
M, = 8.10°° Nm
ploo) = 0.03°
Poo) = 0.45°
h = 20 Nms
wo = 7.2.10"% r/sec
then: Ky =0.014 ; Kp = 0.007

If the highest moment caused by nutation is less than
2..10-°[Nm) and the highest nutation is 0.015°, then
Kyis:

K3 =2.10"%/(0.015. /180.) = 0.0076

In the proposed torques control (7):

0.1 0.002

—_ =115 ' *
o= LY, S+01 S+ 0.002} (12)
L L S 0.1 0.002
J’:.]I'J = L {‘Pm'0-002'5'+0_1‘5'+ﬁ.002}

Theorctically, if the control torques capability is
large enough, the required performance is reached,
as shown in figure 4.

DPHIR

2 I SO i

x10-2 )

—4.89

DPHIR

~10.

0. & & 9. €0
T o3 )

- Figure 4: Roll/Yaw Performances (Sun Elevation

23%)

0. @, Mo, B 1. 2.



In the above mentioned references the same acen-

racy was obtained with other combinations of hard- .

ware.

However, if only a limited control capability {up
to 5..107% Nm), caused by flap area of 1 m? and
efficiency loss of 1%, is available, maximum roll angle
of 0.2° (for sun elevation 23° can be achieved, which
is good enough for mission requirement.

5 Active Nutation Damping

In the above roll/yaw control loops, the roll/yaw an-
gles converge even if the initial nutation is due to
0.5°, however the process lasts about 160,000 sec. In
order to improve the nutation damping, the momen-
tum wheel in the pitch axis is used, taking advantage
of the products of inertia between the pitch axis and
the roll/yaw axis {{8]).

Suppose that there is a product of inertia between
pitch axis and the yaw axis, then the inertia matrix
of the body is:

Izz 0 0
0 Iyy -—lIyz (13)
0 —Iyz Izz

The equation of motion is

M=H+weH = H, + Hy +we(H, + Hy)  (14)

In our case:
0
Hyo=1h (15)
0
Izz 0 0 Wy
Hy = 0 Iyy =Iyz Wy
0 ~Jyz T2z Wy
By using the linear approximation:
Wy @ = wo
Wy = .9 — Wy (16)
W Y+ wop

and converting to the frequency domain, the following
system is obtained:

|

¢
¥

(17)

P11 Pz pis Me + Iy,
P21 Pz P2 My - & (18)
P31 Paz Paa M,
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where,

M$+Iv3 MIS+M¢£
My~h [=| My+ My +damper.p | (19)

M, M, + M,
and Mg, M,y;,M,, are the solar disturbance

torques, M., Mo, M., are the control torques,
£ are functions (in the frequency domain) of
I,,,Ivy.f,.,ly,,w,,wy,w, and A,

The diagram block of the roll/yaw control and the
active nutation damping is given in figure 5.
In fignre 5, P; and P, are derived from equation (8):

Pp(8)
P,(s)

= K (20)

S 0.1 0.002

Ka—Ks 5005 T301 S1000

and 1% (S) is defined by:

0.2 wd

Py(S) =Ly (w2 ~2-Cown-§ - S (21)

where: w, = 0.05rfs ; (=1
Lets consider for example:

I, = 764 Kgm?

Ly = 339 Kgm?

Lz = 955 Kgm?

Iya = 20 Kgmz

h = -20 Nms
wp = T7.2-107% /s
damper = 10



+
+
— P13
Mg » Py,
MCX
" P e
MS > Pzz +®~P—">e
+ Y
Mgy P |e Damper
Mg, [P,
Me, P, |e—
n
—! P32 \ bw
P P33
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Figure 5: Block Diagram of ‘The Roll/Yaw Control and active nutation damping loops



In figure 6 the time response in the roll angle, is
shown for two cases:
(a) The loop does not include nutation damping
(b) The loop includes nutation damping

L] Yilt Tl i troem (n,
¢ nom \ I
L
‘ il I
i 1]]184 1
AL | A
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‘ | 1L LYY
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xin RLTEIE (b)
¢
LX)
e
R AN At el I B S B M M B B e et b et e
e 10 i o

Ting

Tias Nospnss L InFinily = §.0000 /90

Figure §: Time Response for Roll Angle (a) without
Damper; (b) with Damper

It should be noted that the active nutation damp-
ing can be designed due to I, instead I,.
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Abstract

An interactive lechnigue for planning fuel oplimal
rendezvous trajectories in  the progimity  of  the space
slation is presented. The approach employed provides a
method  (or  determining the spatial constrained impulsive
mancuver  between  two completely arbitrary thaser and
target trajectories, to be executed in a limited task time.
The proximity operations are described by the relative
motion equations, The optimization method is hased on the
primer vector  and its  extension to fon -optimal
trajectories, The optimal number. direction and magnitude
of the impulses could thus be found. A variety of different
design examples has been presented, by which the tool was
evaluated. In many cases a Fuel saving of up to 30% could
he accomplished by adding an intermediate impulse. Similar
fuel savings could be achieved by initial and final arcs.
Most of the optimal sotutions were quite counter- intuitive,
amd could not have heen found without the use of the
optimizations  tools Implemented herein. Operating  the
system was proved to he very easy. and did not require any
previous  in depth  Knowledpe of {he refevamt  theoretical
background, Trade -of f studies of fuel consumption  versus
task time were odained with this method.

L. Introduction

The space station wilk Tunction as a platform for
research and experintents in the close micro g environment
of the Earth and will serve as an orhilal operations
ceitre for missions to nearby and Far away destinations.
The siation is planned to hecome aperational in less than
ten years. and soon afterwards, the dense traffic of space
vehicles in  its  preximity will ralse probiems quite
different from the ones encountered In ordinary design of
space trajectories. The main difference will result from
the stringent safety constraints imposed by the complex
type of maneuvers executed by the variety of spacecraft
co orbiling  with the space station in  close vecinity.
Besices this, the well known demand for optimization of
fuet  consumption will have an even stronger validity
hecause of the large number of maneuvers involved and
the repeatable character of some of them.

Among the orbital operations typical to the space
stafion  environment, this research deals with rendezvous
maneuvers, in which a chaser spaczeraft, initially moving
nlong a specified trajectory, has te meel with a target
spacecrnft moving along a differert trajectory. Rendezvous
is distinguished from interception hy the fact that the
chaser has to adjust its velocity with the target, so that
alter the meeting, they continue to move fopether along
the  latler’s trajectory. Moreover. the approach must  tead
to the docking points of the targel, al the correct angular
orientation,  while the relative velocity is within a safe
range,

In the crowded, multi- vehicle surrounding mentioned
above, planning each maneuver has to take into account
the complex interface with the neighbouring trajectories.
Therefore. an  on-site, orbital stand alone. trajectory
planning capabllity is needed in each spacecraft. Such a
tool may help overcome the difficulties retated to orbital

156

rendezvous, that originate from the
character of relative orbital motion
demand to satisfy the spatial constraints,

counter -intuitive
topether  with  the

The method proposed here attejnpts 1o lind a solution
to these difficuities by means of a graphical system that
displays the trajectories as well as the constraints and a
fuel optimization indicator. while facilitating planning
through an interactive process. The usefulness of graphical
interactive orbltal trajectory design has been demonstrated
by Grunwald and Eltis 11]).

2. Anatytical Background

This research is based on
compaonents:

a. the relatlve motion that describes the proximlity
operations, based on ref (2],

b. the fuel optimization method. based on the primer
vector theory developed by Lawden [3] and extended to
non -eptimal trajectories by Lion and Handelsman (4],

These issues are briefly described in this scction.

two main analytical

2.1 Proximity Operations and Relative Motion

The maneuvers of a spacecraft orbiting In the
vecinity of the space station are called proximity
operaiions. and are characterized by relative distances of
less than 500 m, relative velocities of less than 0.5
m/sec and mission times smaller than hall the station's
orbital period. The mast typieal proximity operations are
station Keeping with co-orbiting spacecraft, rendezvous.
arrival and departure, docking (with its precise demands
for angular orientation and relative velocity), herthing and
also astronauts' EVA (Extra Vehicular Activity) performed
with the aid of the MMU (Manned Maneuvering Unit).

Maneuvers of many space vehicles in a dense
environment impose safety constraints, such as collision
avoidance along the lrajectory, clearance from LSS (Large
Space Structures), avoidance of plume tmpingement and
arrival and departure with permitted velocities and
ditections. Authors of references [5]. 16] and (7] have
checked different strategies for maneuvers in the proximity
of L33, that satisfy the collision avoidance constraint,
Numerous numerical simulations resulted in necessary and
sufficient conditions that assure the fulfitment of these
constraints.  Optimization of the Tuel consumption was
recomended as a continuation of their Investigations.

The most natural way to describe proximity operations
is by the relative motion between the vehicles, since
their trajectories are very similar and only the relative
separation s sighificant to the maneuver. Clohessy and
Wiltshire (21, Hit 18] and Wheelon 19] developed the
equations of motion of a spacecrall in a coordinate system
attached te a satellite moving in a circular orbit. The
inverse square law gravitational force function acting on
the spacecraft is linearized about the center of the
sateilite. In this systemn. the axis pointed in the direction
of motion is called V-bar, or s parameter, while the axis
pointing away from the attraction centre is called R -har,
or r parameter {see Fig. 1). # is the relative position



vector. The forward solution for the relative motion,
conskdering that the initlal position and velocity are given,
receives the form:

s(t) 1 D E - 8o
r(t) _ 0 A C B To (1)
SO 7 0 F H G So
Pt 0 1 G ! fo
while the initial velocity can be calculated, giveén the
initial and rinal position. from:
: S
Sol P Q P Ty
{f‘n} ' [ L. K L ™ ] s(t) 2)
rit)

The coefficients A, B, ... P are trigonemetric functions of
the mean motion n and the time parameter i, defined hy:

. b AE
A 4 3cos(nt) F:6n[cos(nt) 1} K- Hh Y
B sintnt) G .0, L 2sin(nt)
0’ BE+CY ’
€ 201 costnt)]  Hedcostm) 3 me B )
n : BEC2
. aesi LACIBD
D 6l sintnt) -nt) - In*sin{ni) Q'BE»C'J
E '14:"1(m) i ) oeos(ng) r 8
Tt i BE (2
As a result of using relative coordinales, the

caleulation of the trajectory is much simplified, especially
compared to the "Gauss problem”. Eut, oh ihe other hand,
the retative motion has a counter iatuitive character. thus
making ibe task of piloting a snacecraft according to
visual cues (i.e. as seen threugh the window) practically
impossible. Fig. 2 shows the relative motion caused hy a
positive  ¥-bar  burn,  which, infuitively, should have
brought the vehicle ahead. in the direetion of the burn. In
yfact., this burn causes an increase in the orbital velocity,
which brings the spacecraft to a higher orbit. with a
bigrer period. Finally keeping the spacecraft behind its
expecied  position.  Therefore. a graphical computerized
tool is  needed for planning  complex. multiple  buarn
maneuvers,

2.2 Fuel Optimization and the Pritier Vector

Minimizing Ffuel consumption §n a centrafl, inverse
square law gravity fleld is one of the fundamental
concerns  of optimization of space trajectories. The
molivatlon for fuel minimization. besides the high cost of
lifting it into orbit, is based on the fact that the life
cycle span of a spacecraft depends mostly on the fuel left
for trajeciory correctlons and manuevers. This' dependency
strenghtens in lower orbits, due to the almospheric drag.

Rocket propulsion is usually described by impulses,
which alter the magnitude and direciion of the velocity, so
that the trajectory is A succession of impulses followed by
coast  sections. Optimizing the fuel consitmption of an
impuisive trajectory means finding the number. magnitude
and direction of the impulses needed for performing a
transfer, intercept or rendervous maneuver with minimum
fuel {known -as “Lawden prohlem"). Neustact [10] and
Stern and Polter |f!] have established that the number of
impulses  requirei  for an unconstrained, free time.
minimum  fuel trajectory is equal to or less than the

number of state variables needed to define the Final point
of the trajectory. Therefore, a maximum number of six
impuises s needed for a three dimensional trajectory,
while in the case of a planar trajectory up to four
impulses are required for minimizing the fuel consumption.

In this research. the fuel optimization method Is
based on Lawden's primer vector, since this method does
not assume an initial number of impulses, but allows
finding this parameter, together with their time and
location. Lawden [3) treated the problem of minimizing
the fuel consumption as a Mayer problem of the calculus
of variations. He formulated the equations of motion fTor
rocket irajectories. the Hamiltonian and the necessary
conditions, and found that the Lagrange multipliers of the
velocily have a dominant role in the necessary conditions,
With these muitipliers he composed a  vector, which he
named the primer vector, and expressed the necessary
conditions by means of this vector. as follows:

L. The primer vector and its first derivative must be
continuous everywhere along the trajectory,

. The thrust vector must be parallel to the primer
vector at all waypoints (points of impulses activation).

. The magnitude of the primer vector must be less than
one everywhere, except for the waypoints, where it
must be equal to one,

4. The first derivative of the primer vector must be zero

at all intermediate waypoints.

The primer vector distribution. p. and its Tirst

derivative. B. for circular trajectories. can be calculated
as follows:

As=-2asinf + 2bcosl - 3¢l + o
P={ Ar= acosT + bsinf + 2¢ )
Azz kpcosF +« Kkgsinf
hst-nacosl + bsinf 1 ¢)
B2y Ar=nCasinf - beosft 4 3¢l - d). (5)
Ae=n (K cosf - Kysinf)
where f=pt Is the true anomaly and the constants
ab.cdkyka must be calculated from the initial
conditions. It is ~ important (o note, regarding these

equations, that the out-of-plane components of the primer
and its derivative are independent of (he planar ones. and

can  be treated separately. The  primer must he
evaluated.apart, for each section of the lrajectory,
Fig. 3 shows [ive possible distributions of (e

primer vector, for a two-impulse Lrajectory, where:

- primer a describes an optimal trajectory.

= primers b, ¢ and d describe trajectories which are close
to optimal, each having a different character. as will be
explained later.
primer e describes a trajectory which is rar from heing
optimal.

"Further on. Lion and Handelsman [4] extended the

.definition of the primer vector 10 non optimal trajectories
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and showed that its distribution can give an indication
about the way to improve the fuel consumption. By
comparing between a two-impulse section and a section

with an additional intermediate waypoint, they found
criterions for adding waypoints. initial or Final coasts,
that minlmize the fuel consumption.  Moreover, they



formulated expressions for the change In time or position
of the impulses, which, If executed in small steps. c¢an
assure the optimization, As a result of this contribution,
the primers of fig. 3 can be interpreted as lollows:
primer b indicates that an intermediate impulse will
always reduce the fuel consumption. The ttme of this
impulse should be the time when the primer is maximal
and its direction, the direction of the primer vector at
this time,
- primer c indicates that an initlal coast will always
reduce the fuel consumption.
- primer d indicates that a linal coast will always reduce
the fuel consumption.

The explicit expressions for the change in the time and
position of an intermediate waypoint., which appear in ref.
{41, are functions of the primer vector's first derivative,
thus expressing Lawden's fourth necessary condition.

Several works have used similar methods for fuel
oplimization:

Prussing 112] and 1131 treated minimuen fuel Tixed- time
rendezvous in the proximity of a circular orhit. and
separated the maneuvers according te the number of
imputses (2, 3 and 4).

Jezewski and Rozendaal | 141 treated rendezvous between
three dimensionnl trajectories. with practical application
10 the Apollo program. They showed that a considerable
amount of fuel can be saved by adding impulses.

QOross and Prussing |15 treated free time rendezvous
hetween ctreular orbits, where ratio of radiuses is much
higger than unity,

Prussing and Chiu |16] treated Flxed time rendezvous,
a5 h functlon of the phase apgle. They showed that if
the time is sufficient. than Hohmann transfer is optimal.

Note of these works deal with any kind of constraints.
3. Problem formulation
this research is

The purpose of to develop an

interactive  graphical tool for planning time-limited
rendezvons trajectories between. space vehicles that orhit
in the proximity of the space station. The resultant
trajectories must satisfy the spatial constraints assuring
colission  avoidance and mustl have an optimal fuel
consumption. Some of the practical applications may be:

transfer of crew between neighbourlng vehicles, where

the time limitation can originate from the limited

amount of oxygen for breathing. batieries, navigation

precision, or From the need to perform an urgent

aperation, such as rescue.

transfer of equipment. with an unmanned spaceship.

- free Tlyers maintenance.

The chaser. target and rendezvous trajectories

discussed herein are two dimensional and limiled to the
station’s orbital plane, but are not otherwise limited in

their shape. Fig. 4 describes graphically a typical testcase
in which the location of the chaser and the target at
initial task time. ty, and final time. t,. are given, so
that their trajectories are fully defined. The mission total
task time is lggax <ty -to. The coordinate system. (s.r}. is
" attached to the space station which is placed in a circular
orbi., 480 km above the Earth. The chaser leaves its
original trafectory at time t,, when the initial impulse
A¥y is applled, adjusis the rendezvous trajectory at to.
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with the intermediate impulse AVz. and reaches the targel
trajectory ar ty, where the final impulse AV, ad justs its
velocity, according to the target's velocity. In this case
the rendezvous trajectory is composed of an Initial coast
along the chaser trajectory (to<t<ty}. two sections, a
final coast along the target trajectory (ta<t<ty).  and
three impulses. The second section of the rendezvous
trajectory does not fullil the spatial constraint. so that
even IF this solution is fuel optimal. another one. with a
higher fuel consumption, must be found.

Finding a fuel optima! trajectory means finding a
trajectory in which the sum of the impulses applied is
minimal, including the last one. Taking inte account the
last impulse is specific to rendezvous maneuvers. while for
interception cases, this last impulse is ignored.

An additional demand for the required method Is that
it must be simple enough to be implemented and used
with reasonable hardware, so that it can be operated in
each vehicle, In orbit. without the need of a wide
academic background in the field.

The basic assumptions made in this research were:
- motion in & centrai inverse square law gravity field,
that. yields Keplerian trajectories; no perturbations were

considered;

- two dimensional motion. limited to the orbital plane of
the space statlon;

limited task time:

1

propulsion achieved by impulses, with no limitations on
their number, magnitude or direction: no disturbing
forces (like drag, third body attraction, et¢,) were
considered;

- motion in almost circular trajectories, with negligible
excentricity:

linear problem in which the fuel consumption [kgl is
proportional to the sum of the Impulses |m/sec).

4. Method of Solution

Planning a complex maneuver, which is Fuel optitnal
and fulfils the spatial constraints, turns out to be a
difficult task. Therefore the approach of this method Is to
use an  interactive graphic system, which displays
simultaneously the maneuver, the spatial constraints, Ihe
cost function (the sum of the impulses applied), together
with an optimization pointer and the primer vector
distribution. The solution is obtained by means of an
iterative process, whose logic flowchart is described in
fig. .

The optimization methed is based on the primer
vector theory, which does not take into account any
constraints. Due to the extension of the primer vector to
non-optimal trajectories. an optimization pointer is built,
which indicates the change of time and location of the
intermediate waypoints, that assures minimizing the ruet
consumption. This' pointer exists only when the trajectory
is not optimal. The optimal solution is ohtained with the
interactive aid of the operator, by moving the waypoinis,
according to the pointer and so that it hy-passes the
constraints. Although the solution may be composed of up
to four waypoints, only one is active each time. This
way. finding the constrained optimal solution is a simple
ahd straight-forward process.



Lawden’s Tour uwecessary conditions for optimality are
satisfied  For  the  computation  af  (he primer  vector
distribution, Tor each section apart, as loltows:

First condition is ohvious From the equations of the
primer vector (4).

second and third conditions, applicd al each of the two
waypoinls of the section. allow evaluating the constants
A, b, e, d oof equation (4).

fourth condition is implemented in the extension of the
primer 1o non optimal trajectortes. and therefore |n the
uptimization pointer.

This method is especially suitable for cases in which

the  Tuel optimal solution does not satisly the spatial
constraints, so that a constrained sub opdimal solution is
regtiived,

The graphic display contains clear and simple
symbols, which are meant to help the operator in the

iterative process of solution.

The graphic program was implemented on a PC (IBM
compatible)  in Microsolt € and MetaWindows graphic
package. Due to the retative simplicity of the equalions.
the interaciivity is felt even with an IBM PC XT. The
proprant  is lwilt o process  events  caused by  the
aperator, with the aid of the mouse or the keyhoard.

5. Typical Applications and Resulis

‘the method presented here is general and is not
restricted to specific chaser or target trajectories or to a
given uumber of impulses. The few following examples,
cited from Abramovitz [17], are meant to dcmonstrate the
utility of the method in saving significant amounts of fuel
in remdezvous  maneuvers  that  must salisfy a spatial
constrainl.  Moreover, it is demonstrated that. in certain
cases, addlng an intermediate impulse may reduce the total
fuel consumption,

In these examples it was asumed that the space
station s located cat the origin o the {s.r) coordinate
system,  although every other location is legitimate. No

distances or dimensions are given for the ligures, they are
treated penerically. Most of the distances in the proximity
operations following are fess than 500 m. and the space
station is assumed to he a square of 200x200 m.

5.1 Siationary Chnser and Target with Trajeclory
Beginning and Ending along the V-bar

Fig. 6.a shows a two impulse rendezvous helween a
stationary chaser. colnciding with the space station, and a
target that moves from a location hefore the station to
one  behind i, Since the primer distribution was nol
aptimal, an  intermedinte waypoini was added. and ils
optimat  location  was  found with the help  of  the
optimization pointer. The optimal sofution (see fig. 6.h)
consists of three impulses and the resultant trajectory is
very close to the original one. Despite the additional
fmpukse,  a  20%  reduction of  the impulsive cost was
achieved.

5.2 Chnser nnd Targed Trajeciory Begin and End along
the V-bar

Fig. 7.a shows a two impuise rendezvous between a
chaser that moves from 4 location Yefore the space station
te a location afler the station. The target moves from the
chaser arrvival peint to its departure point, similarly to
the  previous cnse. Intuitively, the best strategy might he
1o stop the motion of the chaser at its initial location.
with the impulse Iz (first impulse out of two), to wait
for the target to reach this point. and then to continue
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with it, while catching with the target’s  velocity with
impuise 1fy (second impulse out of two). But the primer
for this strategy ix far from being optimal, and it shows

that  an  intermediate Imputse  will  reduce the fuel
consumption. The intermediate waypoint was taken to
its optimal position, with the help of the optimization
pointer, and the final solution, which has three impulses
(see fig. 7.b). has a total impulsive cosl 20% lower than
the “intuitive” two impulse one. It is probably  very
unlikely to find this optimat solution without using the

primer and the optimizatlon pointer.

The task time in the previous example was equal to
half the station's orbital period. Fig. 8 shows the
influence of the task time on the percentage of fuel saved
by adding a third impulse, and speciflcally, that the
saving is blgger than 20X for 0.5<trqan<0.9. If the task
time can be controlled. than, by this graph, a task time
can be chosen so that the fuel saving is bigger than a
threshold value. In this way, the worthiness of adding the
third impulse, which is itself 3 complicated and risky
maneuver, can be evaluated versus the choice of a certain
task time. This kind of trade. off study may be very
important in cases with great repeatability.

5.3 Hohmann Rendezvous

. Hohmann rendezvous is the fuel optimal rendezvous

between vehicles orbiting in cireular trajectories, when
the task time equals half the aorbital period of the
average trajectory (see Billlk and Roth [I18]). For

Hohmann rendezvous, a speciflic phase angle must develop
between the two vehicles. The waiting time that brings
the vehicles to the appropriate phase angle depends on
the trajectory radiuses, in such a way that the closer
they are. the higher this time can be. This is the main

obstacle in using Holimann maneuver Ffor proximity
operations. A powmlble  solution s the bi--elliptic
tmaneuver. Fig. 9 shows the Mohmann rendezvous in

relative coordinates. lts characteristic Features are:
the chaser is located Ar=ropqaor beneath the V -har, the
target Ar=rygrpe; above:

- task time equals half the siation's orbital period:

- chaser and target relative trajectories are straight lines
(circular in absolute coordinates):

- chaser’s departure point Is right beneath the target's
arrival point:
the impulses are parallel to the V-bar and in the same
direction:

- primer equals unity everywhere:

Deviations from Hohmann rendezvous may originale
from:
Incorrect task time:
incorrect relative positions (incorrect phase angle):
- harm of the spatial constraint.

The fellowing sections
caused by these reasons.

present  Hohmann: like maneuvers

5.4 Hohmann-1lke rendezvous becawse of Incorrect
task time

When the task time is bigger than half the orbital
period and the chaser and target positions fit to the
Hohmann requirements, a two-impulse maneuver that uses
all the available time is not fuel optimal (see primer in
fig. 10}. A rendezvous with an impulsive cost identicai to
Hohmann can be achieved by:

- initlal and final coast for equal periods, so that the
remaining time equals haif the period; the resultant
trajectory is identical to Hohmann, in shape and
impulsive cost {see fig. 11):
three- impulse maneuver that uses all the avallable



time: this hi elliplic maneuver has an’ impulsive cost
ientical to tolmann (see fig, 12).

When the task time is smailer than balf the orhital
period. the  optinal maneuver uses all the available (me
and  two dmpulses. The impulsive price Is higher than
Hohmann's (see fig. 13),

5.5 Hobmaun-like rendezvous becavse of incorrect
relative positions

Incorrect relative posltions may reswlt in leng

waiting  times, which are practically part of the task
time. Ou the other hand. a small delay in executing the
mancuver may resuft in missing it, and having to wait a
tang, time. For all this cases. a trade off between the
walting time and the impulsive cost must be done. The
foHowing examples demonstrate the utility of the method
for this goal,

th & Hohmann rendezvous expressed in relaiive
coordinates only the s coordinates change (see fig., 14). A
vertain position  on  this graph, relating to a cerlain
relative position. develops in time by moving along a
diagonal parallel to the tlineal ones. The graph shows
domadas for relative positions before and alter Hohmann.

Fig. 15 shows the situation for the position marked
by "1™ in fig. 4. The primer indicates thal a Final conast
is necessary, resulting in a 3% Tuel reduction (see [ig.
16}, The spatial constraint can be by passed from the
right or the left side {see Fig. 17 and 18). None of them
is optimal {note the primers), they both fuIfil the spatial
constraint in a fuel optimal way. and the right by-pass is
943 more  Tuel expensive. Fig. 19 shows the total
impulsive cost for the relative posilions along the lineal
dingonal of fig. 14. The two [mpulses maneuver are the
c¢heapest, but do not Fullil the spatial constraint in the
period of 20 minutes around Itohmann time. In  the
cxtremal parts of this period. three impilses by - passing
the constraint From the right are optimal. while for the
central part of  the period, three tmpuises with a  left
by pass are optimal. In this consirained case, the total
bapulsive cost determines that:

no manevver shouwld he executed in the period of 1§
inutes afler Hohmann time: the proper sirategy is to
reach 20 minustes. and use two impulses: this is against
the intuition, by which the impulsive cost grows with
lime and the maneuver should bhe exceuted Imediatelly:
if the maneuver must be executed at least 15 minutes
helfore Hohinann time, than a two impulse maneuver
should e executed 20 minutes before Hohmann {ime.
although hefore Holunann time, the impulsive cost goes
down with the time,

6. Conclusions

The method presented, with its graphic interactive
displny  of  the primer vector Jdistribution and  the
opiimization pointer, was found to he most sefficient in
panning  constrained, fuel optimal rendezvous maneuvers,
IFuel savings of up to 304 were obtained. The oplimal
number of impulses coukd he easily found. The optimization
pointer- helped In finding optimal solutions, especially in
the constrained cases.

Most of the solutions that were obtained have a
counter intuitive character. so that Tinding them without
these tools would have heen difficult.

Although the method is based on necessary but not
sufficient conditions, in all cases checked, anly one optimal
solution was found.

The method can be used for preparing contours of
potential  times and Jocations of the intermediate
waypoints. These contours can help  in  studying  the
trade: of fs of Fuel consumption versus task time.

Operating the system was proved to be very easy,
and did not reguire any previous in- depth knowledge of
the relevant theoretical background.

The interactivity of the method helps Familiarizing
with  the counter intultive character of constrainod
relative motion, so that the lool created can be used as a
training aid.

Although implemented for planar motion only. the
method can be easily expanded to three dimensional
maneuvers. since the out-of-plane component of both the
refative motion and the primer vector is independent of
the two planar ones.

A further continuation of this research must inelude
automatic planning with the aid of heuristic design rules,
found by experienced operators.
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Fig. 17: Hohmann tike rendezvous as a result of incorrect
initia) positions  trajectory by--passes constraint
from the right side

Fig. 18: Hohmann like rendezvous as a resull of incorrect
initigl positions - trajectory by-passes constraint
from the Teft side
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STUDENTS’ ROCKET "TECHNION 90"

Project Team*
Faculty of Aerospace Engineering
Technion - Israel Institute of Technology
Haifa 32000, Israel

On August 22, 1990, fourteen Technion students
and their advisors watched as the highlight of a long
year of labor came true. The two-stage sounding
rocket "Technion 90" was successfully launched,
accelerating towards the blue skies, followed by a
long tail of flame and smoke (Fig. 1).

The 360 cm long 16 cm diameter rocket (see
details in Fig. 2) was propelled by two solid pro-
pellant motors containing 44.3 kg of propellant (39
kg in the first motor and 5.3 kg in the second motor)
providing total impulse of over 100,000 N-s. The
overall launch weight of 113 kg was divided into two
motors and a payload. The payload included meteoro-
logical instruments for measuring  atmospheric
pressure and temperature, an accelerometer for
recording vehicle acceleration during flight, a tele-
metry system for real-time transmission of the
measured data to the ground station, and a radar
transponder allowing for continuous tracking of the
vehicle and payload trajectory. Motor chamber
pressure of the two stages was monitored and trans-
mitted as well. Two nickel-cadmium battery packages
with a total output of 56 W were installed in the
rocket to provide the necessary operating power for
the telemetry and radar transponder.

The rocket was tracked by both radar and a number
of high- and low-speed cameras to provide actual
trajectory data and visualize special events.

Operation  included  sliding  separation  and
jettison of the first stage after bumout, pyro-
technic separation of thé second stage from the pay-
load followed by parachute ejection after achieving
peak altitude, and slow descent of the payload to the
ground.

The sounding rocket project was one of a number
of subjects offered to the 4th year Aerospace Fig. 1: Student rocket "Technion 90" takes-off.

*Participating Students: Daniel Alkalai, Oren Barak, Shirley Barkai, Ben-Zvi Buchris, Ofer Caspi, Vitali Cohen,
Lior Fisher, Efraim Fishles, Izhak Greenbaum, Yaniv Kor-Al, Odet Lupo, Ziv Nir, Ruth Rivlin, Avi Wise.

Project Supervisors: Professor Alon Gany, Isracl Aharon, Dr. Jonah Manela and Professor Yaakov M. Timnat
(during design phase).
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Engineering students for selection as a design pro-
ject according to the undergraduate study program,
Most design projects in the Faculty of Aerospace
Engineering are basically “paper projects” which end
on the drawing board. The rocket project gave the
participants a unigue opportunity to exercise the
practical aspects of their theoretical studies as
well as to face the real-world problems in camrying
out a complete engineering project with very
realistic constraints of time, money, coordination
and integration.

The objective of this project was to design,
build and successfully launch an instrumented
sounding rocket.

The students who participated in the project were
divided into seven 2-person teams, each of them
assumed responsibility for one of the major efforts:

* Propulsion - design and performance prediction of
the motors.

*  Stucture - design of specific rocket elements
such as motor case and fins, accounting for
strength requirements and manufacturing
limitations.

*  Aerodynamics - design of rocket outfit, solution
of stability problems, and prediction of vehicle
trajectory.

*  Separation and Parachuting - design of separation
sections and parachute ejection, and prediction
of parachute performance.

* Payload - design of the interior of the
instrument capsule, participation in the design,
assembly and packaging of the telemetry system.

* Launcher - concept and design of the launcher
accounting for strength requirements,
manufacturing limitations and ease of assembly.

* Integration - coordination between the different
teams, responsibility for assembly drawings, and
caiculation of overall dimensions, weight and
center of gravity.

Weekly meetings with the project advisors were
initially used to evaluate conceptual ideas and to
deliver specific information to the students. In the
later stages of the project detailed design drawings
and calculations made by different 1eams were
discussed thoroughly, Manufacturing and machining of
the majority of the rocket parts were done at the
Faculty's machine-shop. Professional aid as well as

Telemetry antena

Battery Pack
Radar transponder
Payload
Telemetry
P Pyrotechnic separation
} : section
2nd Stage i Parachute

2nd Stage motor

Sliding separation
section

Ist Stage

Ist Stage motor

Fig. 2: Assembly drawing of the rocket,



Fig. 3: Integration phase at the Faculty’s Propulsion
Lab.

support with special equipment, electronics and the
launching procedure were willingly provided by
potential employers of the graduating students,
particularly ~ Rafael, Israel Military  Industries
(IMI), and the Airforce, who considered the project
as an excellent experience towards future engineering
challenges.

During the development stage 28 acrodynamic tests
were performed in the Faculty’s wind tunnels, using
precise small-scale models of the rocket. The data
gathered in these tests were used to determine the
different aerodynamic coefficients as well as
acrodynamic stability.

The two motors were static-fired in order to
find-out the thrust and pressure versus time
characteristics.

The pyrotechnic separation system and the
parachute ejection procedure were tested as well.

The preparations for launching included a two-
week extensive integration effort at the Faculty's
Propulsion Laboratory (Fig. 3). Final assembly and
system testing including a general rehearsal of the
firing procedure took place at the launching site,
where the students spent a few days (Fig. 4). At

Fig. 4: Project team and the rocket at the launching si
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last, the rocket was positioned on the launcher and
connected to the ignition wires (Fig. 5).

Actual launching sequence followed closely the
plan and predictions: First stage ignition was
followed by 7 seconds of motor burning which brought
the rocket to its highest speed of 720 m/s at an
altitude of 3 km. After burnout and separation of the
first stage, the second stage continued to gain
altitude, unpropelled, for another 23 seconds.
Ignition and 3 second buring of the second stage

Fig. 5: "Technion 90" on the launcher.
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gave the rocket another boost to reach a maximum
altitude of 21 km about 70 seconds after launch.
Separation of the second stage and parachuting of the
payload to the ground for about 5 minutes took place
a little after, when the vehicle was at its maximum
distance of 18 km. The rocket trajectory is shown in
Fig. 6.

In general all rocket systems operated according
to plan, although ignition of the second stage was
delayed compared to the original timing of 5 seconds,
causing deviation from optimal trajectory and
reduction of a few kilometers from the predicted
altitude.

The successful accomplishment of the "Technion
90" rocket project is another milestone in the
Faculty of Aerospace Engineering of the Technion.
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